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ABSTRACT

»rThe Load Alleviation and Mode Stabilization (LAMN) program was con-
ducted to demonstrate the capabilities of an advanced flight control system(FCS) to alleviate gust loads and control structural modes on a large flexi-

ble aircraft using existing aerodynamic control surfaces as force producers.

The analysis, design, and flight demonstration of the flight control system
was directed toward three discrete flight conditions contained in a hypo-
thetical mission profile of the B-52E test aircraft. The FCS was designed
to alleviate structural loads while flying through atmospheric turbulence.

The LAMS-FCS was produced as hardware and installed on the test vehicle,
B-52E AF56-632. Test vehicle modifications included the addition of hy-
draulically powered controls, a fly-by-wire (FBW) pilot station, associated
electronics and analog computers at the test engineer's stations, instru-
mentation for system evaluation, and the- LAMS flight contro',ler.

Flight demonstration of the LAMS-FCS was conducted to provide a corn-
parison of analytical and experimental data. The results obtained showed
that the LAMS-FCS provided signficant reduction in fatigue damage rates.

-In addition, a LAMB C-5A study was included in the program. This portion
of the program was to analytically demonstrate that the technology devel-
oped for the B-52 could be applied to another aircraft. The C-5A study was
conducted for one flight condition in the C-5A mission profile..,)Significant
reductions in fatigue damage rates and fuselage accelerations wre-predicted
by the LAMB C-5A analyses.
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This report presents the results of the analyses and design of a

Baseline Stability Augmentation System for rigid body mode control and the
Load Alleviation Mode Stabilization Flight Control System (LAHS-FCS) for
rigid bodly and structural mode control on B-52E aircraft AF'56-32. The
Baseline SAS analysis, synthesis, and design were accomplished by The
Boeing Company. The design criteria for the IAMB Flight Control System
were established by Boeing; Honeywell accomplished system analysis,
synthesis, and design. Boeing assisted in these analyses and accomplished
additional checks on system stability and performance.

1.1 Purpose

The purpose of the LAMS B-52 analyses and design program was to
load alleviation at three discrete points in a typical B-52 mission profile.

The conditions selected for evaluation were:

* Flight Condition 1 (FC-1) which represents a 350,000 pound aircraft at
350 KIAS and Wo0 feet altitude.

* Flight Condition 2 (FC-2) which represents a 350,000 pomnd aircraft at
240 KIAS and 4000 feet altitude.

*eFlight Condition 3 (FC-3) which represents a 270,000 pound aircraft at
.77 Mach (cruise) and 32,700 feet altitude.

The aircraft configuration used for this program, Figure 2 ,

vas a basic B-52E with ECP-1128 structural modification to the aft fuselage
and vertical tail. Also, the external tanks were removed to attain higher
speed than required for Flight Condition 1. The basic B-52B control systems
were modified to include hydraulically actuated control surfaces.

Initially, all spoiler segments were to accept. the manual, fly-
by-wire, and SAS signals. Because of difficulty with hardware design of
the spoiler servo valves, the spoiler functions were altered. The final
flight configuration consisted of manual and fly-by-wire aweration through
spoiler segments 3 through 12 and exclusive LAMS SAS operation through
spoiler segments 1, 2, 13, and 14 biased at 15 degrees. Each of the
remaining surface actuators (aile-on, rudder, and elevator) is cmanded
by the monitor pilot (RH pilot) through the original control cable systems.
With the electronics engaged, these surfaces respond with full authority
to -Ghe electrical fly-by-wire (LH pilot) signals and with partial authority
to the stability augmentation signals.

The Baseline SAS is a three axis (pitch, yaw, and roll) rigid body
augmentation system designed to provide the benefits derived from a system
representative of contemporary design and provide a basis for ecmlarison
with the LAMS-FCS performance data. The IAMB-FCS is a three axis system
but addresses itself to stabilizing the significant load producing elastic

17i
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modes of vibration in addition to the rigid body modes. The SAS and
associated electronics utilize two TR-18 analog ccnputers installed at
the navigator-banbadier station. These computers provide the flexibility
required for system mechanization and expedite system changes identified
during ground and flight testing.

1.2 Objectives

The objectives of the LAM B-52 analysis program were:

4 To validate techniques representative of contemporary practices for
system analyses and design in the related technologies of Automatic

Flight Controls, Aircraft StiUctures, and Aerodynamics.

* Analytically demonstrate gust load alleviation and structural mode
S* stabilization using the conventional aerodynamic control surfaces.

S° * • Analytically denstrate the impact of airframe dynamic response
conitrol on significant vehicle attributes such as structural life,
handling qualities, and ride quality.

1.3 Criteria

;I The LAIS B-52 analyses and design was based on the following
criteria:

f The aircraft and control system will have an adequate flutter margin.The control system will possess a 10 db mininsmm gain margin and a 60
degree minimum phase margin as determined by open loop frequency respor,

analyses.

T To provide adequate handli qualities with the IAM]-ICS engaged in

turbulence, the short period duping ratio shall be equal to or greater
than .4O; for Dutch roll hidling qualities, the product of the Dutch
-oll natural frequency times the Duhtch roll damping ratio shall be
equal to or greater than a value of .35 r.d/sec. However, the Dutch
roll characteristics for low speed conditions (FC-2) shall be acceptable
with a value of the aforementioned product as low as .21 rad/sec. The
roll time constant with the LAM-FCS engaged shall be less than 2
seconds; if the roll time constant for the basic aircraft is greater
than 2 seconds, the addition of LAM-FCS shall not increase the constant.
The spiral mode shall be positively damped, if possible. If the air-
craft shows spiral divergent characteristics, the rate of divergence
v with controls fixed shall not result in doubling the bank angle in
less than 20 seconds.

* Performance evaluation of the LAM-FVS influence on such aircraft
characteristics as peak loads, fatigue damage, and ride qualities4
will be based on comparisons of performance between the aircraft with
the SAS engaged and disengaged. Fatigue damage rates and acceleration
will be calculated at eix locations using ihe equations of Section 3.0.
These measurements will be calculated for atmospheric turbulence effects

Sonly. The effects of landi, takeoff, taxiing and maneuvering wii

. -I _ __ _ _ _ _ _ _
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not be included except to the extent maneuvers ere included in the
atmospheric model. Fatigue damage evaluation will be accemlished
by counting stress response level crossings normalized to a 1 ft/sec
30S random gust turbulence sample. Based on an arbitrary aircraft
usage schedule, the fatigue damage rates will be combined in the
following manner to determine a yearly damage accumulation:

25 hrs/year at FC-I

39 brs/year at FC-2

511 hrs/year at FC-3

575 hrs/year total usage

The ride quality or acceleration performance will be based on the
percent reduction of M aircraft accelerations along the fuselage
due to a 1 ft/sec RMS random gust turbulence sample.

1.4 Report Contents

This report presents the comprehensive analyses, synthesis, and
design of a Baseline SAS, and IAS-FCS on B-52E test vehicle AF56-632.

Section 2.0 is a sumary of the document contents.

Section 3.0 covers the control system definition for the Baseline
SAS and IANS-FCS. The analyses and analytical techniques leading to the
final system configuration are discussed.

Section 4.0 presents the predicted performance characteristics
of the Baseline SAS and the IAMS-FCS. Comparative data consisting of
peak loads, response to step inputs, fatigue damage, ride qualities,
and handling qualities are presented for the basic aircraft, Baseline
SAS, and the LAMS-FCS design conditions. System stability evaluations
are presented based on flutter and open loop frequency response analyses.i Section 5.0 discusses the system hardware design for the control

t surface hydraulic actuators, hydraulic power systems, interface electronics,
fly-by-wire, instrumentation measurement requirements, and LAMS-FCS computerI and ground test equipment.

Section 6.0 presents the general and specific conclusions reached
during thisprogram.

Section 7.0 contains all pertinent references contained herein.
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2.0 SUMMRY

2.1 Itroduction

SThe IAM B-52 analyses, synthesis, and design has attained the pro-
gram purpos and objectives by ilmentin a design to integrate advanced
flight contol hardvare concepts and the existing flight control surfaces of
B-5n AY5&632 into a versatile flight control system (FCS) test vehicle.
?be aircraft eometry used is shown on Figure 2. The design provides high
bandiss hydraulic actuation systems al a ented hydraulic pover supplies
for the exsting primary flight eontro.. suri'aces. An electronic flight con-
trol equiPent Link from the controling inputs (pilot commands and aircraft
dynmics) to the actuators is also a pait or the design.

The analysis resulted in two stability aentation systems for the
three flidA eomittons outlined in the Introduction. 'The Baseline SAS vas
desiged to shoe the aircraft benefits derived from a system representative
of conte!poa-y design for comparison with the AS-FCS performance. The
ANS-M extended the state-of-the-art design and mechanization techniques

to produce a SAS which vould provide gust load alleviation and structural
-mode stabilization vhik. fingI W thruMgh at •os1heric twtdlence.

2.2- Analysis Techniques

The Baseline SA design emphasis vas directed toward development of
a control system representative o conte.mpO y stability augmentation sys-
teAs. Orteria limited the Baseline SAS performance to stability augmenta-Stion of the aircraft rigid body modes vithout signifteant.y altering or

•~1|S•te TAM Plight Control Syste. design emphasis was directed toward
develasment of a structural load Alleviation system for flight through tur-
bulenee. The design criteria also required sufficient stability margins at

1 llfa frqnenciM leg

.1 •Desig chwrters for both systems required retention or improvement
o r the basic aircraft handlin qualities.

Analysis techniques for designing the two systems yaried due to
dif erences in design criteria and the fact that d=erent companies
designed the systems. Boelnp-lichita designed the Baseline SAS and Honey-
wel Tnc. hbad primry design responsibilities for the IAM-FCS. Performance

luation and analses vere preiensIve, in terms of mathematical model
sizes and contents, and were nearly Identical for the two systems.

2.2.1 Analyses I ttcal Model

SoeiIng developed a 6, degree-of-freedom athematical model of the
unique IM B-52 test vehicle for design synthesis. and evaluation of the
LUG flight control systems. The model Included 33 symmeetric (lngtdi nal)

S~freeo, gner su user lft m• uctions, gust penctration lags,!

and fo=-'.? ovder fitator and control surface dynaines. The symetric andS•-•.•• :•'edegrees-of-freedon vere considered to be ndpdent and were

4
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The complete mathematical model vas used for structural performance

LI .vaim-tions and f lutter boundary analyses. Hoevers time and computer lmi-
ttos dictated use of simplified mahmtcal models of various degrees

for the majority of the WEM program analywses

2.2.2 BasW 4 SAiAalee

Design synthesis for the Baseline SAIS primarily utilized pain and
pAswe root loci techniques and si j t! - design analyses used frequiency
response- echniques. Haulng qualities were intially evaluated from tran-
slent responses obtained from inverse laplace cacltos All of the

te aiuas described above were acopished vith digital ecmputer programs.
Final safety, structural pWerfomanep and handlIang qualities evaluations
were similar to -those c mdialcted f or the LA)-FCS and are reviewed in
Section 2ee~

2.2.3 WEM-FC Analyses i
The IAM3-F(M design and syntheskis were conducted by Honeywell Inc.

under 0*cnrc to. The Boeing Campeiay. Boeing furnishbed the aircraft
mat~atcal. model to UMeywell In the form of digital computer cards and

provided supportn V~xbu thejj I35.,FM~ design and synthesis
sepeuts of the LWE Progira. Boeing-Wichita conducted the safety analyses U
and hand'ling qlities evaluations ot the LAI34F( while Honeywell conducted
the perform ance Sensitivity analyses. An an, 4yses fl1w diagrsm is presenAzed4

2.2.3.1 Initil Design Analyses

Initial design analyses objectives were twofold. The primary ob-
jective vas to obtain an ioxlkrutand-I - of the reainhpof rigid body and

strM-W--Limd"to fatigue damge and fuselage acceertins ScdonnJy,, it
Vas desired to verify the czaatosu prograzs used for the LW)-FCS design
and synthesis by comparing Boeing and Honeywell basic aircraft data. These
basic aircraft studies consisted ot tbree segments; controls locked fatigue
Inve tgtin

Mwee ist oncets wre snthe ize n theliminary
design analyses: atalsution of the rigid body motives; minlimizion of
wIMg loadse an- inluizatioua of wing stresses and stress rates. These

alJevitlwconcepts were evaluated by ins eton and by analo simulation.
Itbecae aplaent from tbaec and othber MM stuilies that gust alleviation

an mode stabiiztion piroblems shold be solved simlaeosy

2.2.3.2 Design Synthesis

(Optiml zontrol theory vas applied in an attempt to design an opti-
=al gnat be aleiaio and structural mode sailato system. The
primary design goal was to reduce fatige damage rates and a secondary goal

an estimate of the likelihood of a stutrlmeder ecdigits static
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ultimate strength and an estimate of its fatigue lifetivne..

For the IAMh-FCS optimal program it was assumed that the event with
the shorter expected time would define a structural performance measure for
a single airframe meber. The structural integrity measure for the entire
aircraft was the minimum of all airframe members and the structural perfor-
mance goal of the LE-FCS then was to increase that measure.

V' The maximum structural integrity measure was formulated as a mini-
mum cost function and a controller minimizing the quadratic cost function
was found by conventional Iagrange multiplier techniques. The performance
index essentially miniaized selected aircraft F• stresses, stýess rates,
and accelerations at the Pilot's station.

Optifal control programs designed a theoretical IM Flight Control
Sfor each axis. The systems Inherently contained an excessive number

of feedbacks (81 for the symmetric axis and 90 for the antisymmetric axis)
for practical Imation. However, the optimal control systems struc-
tua perfl mance measures were used as a baseline for determining the
merit of simplified or more practical systems. Also, the magnitude of the
optiml control 1w gains generally indicated the relative importance of the
feedback loops in terms of structural perftorance benefits.

AOptimal control law simplification techniques were accomplished
primarily by analog ccpwzter simulation. Supporting digital computer anal-
yses evaluated the simplified systems stability and performance during the
analog compter iterative processes.

The WAE Zmoagidinal FCS was designed from optimal control tech-
niques. Repeated difficulty encountered during attempts to simplify the
lateral-directional i contiml 1 influenced a decision to design the 4

LAMB lateral-Directional FCS from "scratch" using analog computer techniques.

Design synthesis efforts defined system feedbacks assuming pure
aircraft parmetric signals vere available. In reality, aircraft parameters
normally cannot be sensed individually, that is, sensor signals are us,ýýa_•y

J a function of several parmeters. For the YAMS design synthesis, aensed
signals at various aircraft locations were defined by modal coefficients.
Matrix inversion techniques then defined sensor signal blending gains re-
quired to obtain the desired feedback parameters for the IAM-FCS.

j 2.2.1 Final Systems Evaluation

V*e AMP-ki final design was evaluated at Boeing-Wichita with con-
Prehensive safety, hamdln qualities, and structural performance analyses.
Mhe Bsseline SAS design was evaluated in a similar manner and the general
techniques applicable to both system are discussed in this section. Honey-
well also onducted a perfmance sensitivity analysis of the final IAIM-FCS

I{
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2.2.4.1. SafetN AnalvseB
.The safety analysis was condute to assure that the systemsl hado

adequate stability margins. A flu analysis sement evaluated strue-

tural stability as a function of airspeed. A stability analyses defined
Sphase and gsin margins as functions of feedback loop gains.

Flutter analyses were conducted to provide flutter clearance for
the LAMS-FCS for flight conditions I and 3. The Baseline -3S and basic

aircraft configwrations were analyzed for flutter to provide flight clear-
ance over the entire B-52 test vehicle flight envelope. Flutter boundaries
were established for individual aircraft configurations by analyzing select-
"ed aircraft gross weight, airspeed, and altitude conditions.

IThe stability analyses provided closed lop gain and phase root
loci plots and open loop frequency response data to determine the stability

Smargins for selected aircraft flight conditions. Since the !ALS-FCS is a

multiple feedback loop system, the individual feedback loops were opened
and their gains varied with all other loops closed and at nominal gain (tech-
nique for frequency response analysis). Digital computer capabilities
dictated the root loci technique math model size to be smaller than the corn-
parable math model size for frequency response methods. Subsequently, a- J
decision was made to utilize only frequency response te&_xZques for the4
final stability analyses.

2.2.4.2 Handling Qualities EvaluationiI A quasi-elastic six degree-of-freedom mathematical model was used

to simulate the basic aircraft and evaluate the effects of the Baseline SAS
-,A' i -FCS on basic aircraft handling qualities. The basic aircraft ana-
L, computer simulation was accurately checked by comparing pre-LAM flight
test data to analog computer response data. Baseline SAS dy,.,mic character-II •istics were checked by comparing quasi-elastic model root l "i data with the
structural model root loci data. Accurate similation of the IAMI-FCS was
assured by comparison of response data with similar Honeywell analog simu-

I lation data.

The analog computer simulation of the aircraft and control system
";as used in conJunction qith the point light source simulator facility to
permit pilot evaluation of the aircraft handling qualities. Dutch roll and
short period frequency and damping values were determined and qualitative
data were obtained from test pilots in the form of Cooper ratings.

3

2.2.4.3 Structural Performance Evaluations

Selected aircraft parameters were used to evaluate the Baseline SAS
and IAMS-FCS effects on structural performance during flight through turbu-
lence. Fatigue damage rates, expected peak stresses, RMH stresses, and RMI'
accelerations were calculated at six significant stress points on the test
vehicle. Acceleration power spectra were computed for the crew compartment.
The six selected stress locations were chosen to be representative of sensi-
tive areas of the wing, body, and empennage during flight through turbulence. )

The atmospheric turbulence model used for the structural performance stidies
assumed Gaussian random, stationarys, isotropic turbulence represented by the -

II 9



III ~ .Y~hh~h~1Adbqa4f tiz ftnewt1in fewr vertical arv.. lateral comnponents.* A-n
antisymmetrical component of vertical turbulence was represented by a roll-
ing gust acting on the wing as in NWA Report 1321,9 Reference 1. Rice's
stress exceedance function was used in calculating the number of stress

hypothesis was utilized for calculations of fatigue damage.

2.2.4.4 Performance Sensitivity Analyses

Honeywell conducted a IAIE-FCS performance sensitivity analysis con-
sisting of three segments; performance definition or initial handling
qualitles stules, senslitvity analysis, and failure analysis. The per-
forane definition study provided an initial evaluation of the LAM-FCS
hnln quaites. Aircraft transient responses to discrete gust inputs
and lpLlot comands were compared with free aircraft data. Actuator hyster-

esis effects on various aircraft paameters were evaluated for random tur-
bulence disturbances.

The sensitivity analysis evaluated the effects of aircraft and
IAW-FCS hardware Prametric variations for random turbulence of 4 ft/sec

RiB velocity.

Failure analyses consisted of two segments; hardware open failures
and hardware hardover failures. The open failure analysis utilized a 4
ft/sec R•i randm turbulence and the bardover failure analysis obviously

needed no external excitation.

j 2.3 System Description

2.3.1 Basellie MAS

The Baseline SAS is a three axis flight control system. The system
desie accommodates operation of each axis independently or any combination
of the three axes.

2-3-1-1 IoqgItulinal Axis

The Priary function of the Baseline pitch SAS is to augment short
period mode damping. The close- -locT system provid-es a pitch rate feedbackslgamd to drive a hydraulically poee elevator. The pitch rate signal is L

derived from a rate Oro located at Body Station 820 (near the aircraft cg,
see Figure 21). Lectronic filters in the feedback signal path shape the
feedback signalto ensure stability and obtain desired handling qualities.

Fige shows a block diagrm of the Baseline Pitch SAS.
2.3.1.2 Lateral-Directional Axis

Bahe line Roll SAS improves roll responsiveness of the aircraft
to t phlot's wheel command without decreasing steady-state roll rate cap-
ability of the aircraft by more than 10 percent. A feedback loop decreases
the roll time constant by sensing roll rate with a rate gyro located at
Bo Station 820 (i at the cg, see Figure 2) which is fed to the
aileron actuator. Feedback loop electronic filters ensure system stability
and destrable handIlig qualities.

10
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- !The Baseline Yaw SAS augents Dutch rriU damping with a yaw rate
famhm %%+i44 14 w4v~r w a% -2--46-A a .-46 a&.aC -- LLf... -. 0~ A.2- .L

3~~ja% 42.% W~ &# AfJ W;QJU & aI, A.L VA4D~&'A UJ h =

cg, see Figure 2). The feedback signal is sLaped for stability assurance
I and to obtain desirable handling %ualities and then fed to the rudder

actuator.
i i I

Soupling between the yaw and roll systems was not of major concern
during the Baseline SAS design, but the SAS does reduce coupling effects.

A block diagram of the Baseline yaw-roll SAS design is presented
in Fiue 5-

2.3.2 IAM3-FCS

The IAMS-FCS is a three aircraft axis flight control system, but
was designed as a longtI1duinal axis system and a lateral-directional axis
system.

2.3.2.1 IAME l avitndinal FCS

Figure 6 shows a block diagram of the IAMS L gtndinal FCS. Feed-
back sisnls are derived from fnur rate ros; one located in the forward
fuselages, one in the aft fuselage, and one in each wing. These gyro signals
are blended to produce three parametric signals, rigid body pitch rate,
mode one rate, and mode six.rate. Pseudo integration of the structural mode
rate signals gives aproximate mode displaceuent signals. The signals are
then gain adjusted as a function of the flight condition and then shaped
with electronic filters. The filters are primarily for stability compensa-
tion and prevention of dc null offsets. The system operates the elevators,
ailerons, and t4o outboard spoiler pnel on each wing symmetrically. The
spoiler panels operate from a 15 degree biased positioa.

1Dsirable handling qualities are obtained by adding a colwn-to-
elevator feed forward sitgna;lpath parallel to the existing path. System
ains are a function of flight condition and are scheduled as tabulated in

the table included in Figure 6.

2.3.2.2 IAM lateral-Directional FCS

Figure 7 shows a block diagram of the LAME Lateral-Direct5 onal
FMS. Six fuselage mounted rate gyros are utilized to derive the raw reed-
bak sMgal. The s:.gnls directly provide rigid body yaw rate and are
blended to obtain rigid body roll rate and structural mode 9 rate. Filter-
Ing of the signal is required for appropriate stablty margins. The
system drives the rudder and ailerons asymetrically. fandlng qualities
requirements were met by adding a vheel-to-aileron feedforward sinal path
pirallel to the existing path. The system gains are scheduled as a function
of flight condition as tabulated in the table in Figure 7.H2. System Perfomance

Systems performance criteria vere defined in Reference 2.

The general WE Baseline SAS design criteria require that the

Bast!!ne SAS vfll.:

~i]I __ 12
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[1 •Mot significantly disturb or control aircrtaft structural modes

0 Provide stability augmentation to the three aircraft axes

0 Retain or improve handling qualities

F Have a minimum of 10 db gain margin and 60 degree phase margin for
all structural modes

SThe IA-FCS general design criteria require that the IAMS-FCS

will:

0 Have a minimum of 10 db gain margin and 60 degree phase margin for all
rigid body and structural modes

* Retain or improve the existing afrcraft handling qualities

0 Provide measurable improvement in terms of fatigue damage and/or
maximum expected loads

2.4.1 Safety Analysis

The Baseline pitch SAS is gain stabilized with all gain margins
greater than 20 db. The Baseline Lateral-Directional SAS has a minimum
gain margin-of 1i db and a minimum phase margin of 70 degrees.

The AMS Longitudinal FCS minimum gain margin is 10 db at 61.6 1
z radians per second for the aileron loop at flight condition 1. The IAMS

IateraJ• ur. l aul FCS minimum gain margin is 17.7 db for the aileron loop
Sas -''light condition 1 and the minimum phase margin is 86 degrees for the

rudder loop at flight conditions 2 and 3. The basic aircraft with hydrau-
lically powered controls and the Baseline SAS have adequate flutter
boundaries for all altitudes, gross weights, and airspeeds up to and in- I
cludin-g the maximum for straight and level flight (400 MEAS and .9 Mach I
number). The IAMS-FCS was flutter cleared on'.y for the three IAMS flight
conditions.

2.4.2 Handling Qualities Evaluations

Short period characteristics are indicated in Figure 8.
Neither the Baseline SAS or the IAMS-FCS appreciably degraded the basic air-
craft short period handling qualities. Handling qualities with the IMS-FCS I
at flight condition 3 are not within the desired operating region, but are

£ within the acceptable region. The Baseline SAS and IANS-FCS pilot ratings
obtained from simulator studies indicate both systems have acceptable long-
itudinal handling qualities. As would be expected, ratings degraded with

2increased RMS turbulence velocity.

Figure 9 shows the predicted Dutch roll handling qualities for
i Ithe Baseline SAS and IA•&-FCS compared to the basic aircraft. Both systems

Improve the Dutch roll handling qualities to be within the satisfactory

11
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!' I I
ncer -tta revnn Predicted roll time constants and sp~iral time Constants
%vre within the criteria requirements for buth systems. The Baseline SAS

LAWI.-FCS pilot ratings obtained from simulator studies indicate both
;ters have acceptable lateral and directional handling qualities but rat-
gs degraded with increased RMS turbulence velocity.

2.4.3 Structural Performance Predictions

Figure 10 presents the predicted Baseline SAS and IANS-FCS effects

vertical, lateral, and rolling gusts. Table I shows the contribution to
total fatigue damage of each of the three analyzed flight conditions for the
IAMB-FCS.

The IAIS-FCS provides significant reductions over the Baseline SAS
in fatigue demage rates caused by turbulence for the wing staticns and mid
fuselage stations. The WAM longitudinal FCS is primarily credited for the
major segeents of improvement in structural performance at those stations.
That performance is attained through ccntrol of the rigid body short period
mode, the first symmetric structural mode, and the sixth symmetric struc-
tural mode. 4

Preliminary design studies indicated the primary contributor to

fatigue damage rate at the aft fuselage stations and the vertical fin sta-
tion to be the Dutch roll mode, see Section 3.5.1.2. Based on that data;
the IAW lateral-Directional. FCS was designed to control only the Dutch roll
mode for fatigue dame rate reduction. Therefore, the Baseline SAS and the
IAM-FCS have appromimately equal effects on structural performance for aft
fuselage stations and the vertical fin station. Both systems show signifi-
cant Buproement over the basic aircraft configuration. It should be noted
that contributions to fatigue damage by asymmetrical structural modes were
considered insignificant at the three flight conditions analyzed during this
program for the specific IAMS test vehicle configuration. The validity of
similar conclbwlons for other flight conditions or other aircraft configura-
tions would be questionable in the absence of additional analyses.

Both the Baseline SAS and the IAMS-FCS provide reduced RMI accel-
erations at the pilot's station and along the entire fuselage, as presented
in Figures 11 and 12 . Reductions in RMS accelerations along the wing
were also provided by both systems. Control of the sixth symmetric struc-
tural mcde and ninth asymetric structural mode was intended to afford the
WM-FCE; minor ride qualities improvement over the Baseline SAS.

2.4.4 Performance Sensitivity Results

The perfmaance definition studies data indicated that the EAMS-FCS
waould operate satisfactorily for all levels, frequencies, and types of in-
pLt't3 considered-in the study. The sensitivity analyses indicated that the
IAMW-FCS would in general provide acceptable operation for the aircraft
parametric variations studied. Th ow. case, a 25 percent variation in the
rigid body pitch rate modal coefficient, a statically unstable condition was
Indicated. Since that coefficient is a function of the aircraft rigid body
motion it was not expected to vary from predicted values. The failure

19



IAMS B-52 FATIGUE IDMAGE RAES DUE TO TURBUIENCE
S!COHMMII VERTIC&L, IATIBAL, AND ROULMJ,.s USTS

"AIIUAL USAGE" 25 THU AT 350000 LBS., 30 KTS FAS, 4000 FT.
39 HOUR AT 350000 LBS., 240 KTS EAS, 40OG FT.

.18 511 HOUM AT 270000 LBS. , M&CH 77, 32700 FT.
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mV

Ex÷
11 TABLE I V

LAMS FATIGUE DAMAGE 'RATES DUE TO TURBULENCE

IAMS - FCS SAS (ROLL, PITCH, AND YAW
2 OUTBD. SPOILERS TIP 150

COMBINED VERTICML1,LATERAL, & ROLLING GUSTS
CONTOUR LOW LEVEL & CRUISE ENVIRONMENTS

ARE FROM ECP 1128 (B-52 DATA)

STRESS DAMAGE PER HOUR DAMAGE
LOCATION COND. 1 COND. 2 COND. 3 PER YEAR*

W.S. 282 S-7 1.66 x 10-3 .846 x io-3 .0025 x 10-3 .0758

W.S. 516 S-5 1.45 x io-3 .847 x 10-3 .00o9 x 1o--3 .0718

W.S. 899 S-3 1.323 x 10-3 .731 x 1o-3 .0154 x 10-3 .0695

B.S. 805 U.L. .1589 x 10-3 .0114 x 10-3 .0005 x 1o-3 .0047

B.S. 1028 U.L. .2821 x 10-3 .0142 x 10-3 .0010 x 10-3 .0081

S.B.L. 32 SPAR .0290 x 10-3 .0006 x io-3 .00005 x 10-3 .0008
SF.S. 135 SPAR .186 x 10-3 .0093 .x 10-3 .0004 x 10-3 .0052

SCOND. 1 = CONTOUR LOW-LEVEL, 350,00) LBS., 350 KEAS, 4000 FT. ALT.Ii COND. 2 =CONTOUR LOW-LEVEL, 350,000 LBS., 240 KEAS, 4000 FT. ALT.

COND. 3 = CRUISE, 270,000 LBS., MACH. .77, 32,700 FT. ALT.

SANNUAL USAGE = 25 HOURS @ COND. I AS~+39 HOURS @ COND. 2

+511 HOURS @ COND. 3

21
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~ j ~ analyses results predicted that IAMB-FCS hardware open or hardover failures
vouJd not remat in at uncontrollable fg oizion.

2.5 Had-4are Design

2.5.1 Aileron Actuatwxr

The aileron hydraulic actuator positions the aileron in respose toStransm itted from the control vheel, electrical signals from the sta-
bility augmentation system, electrical trim inputs or simultaneous combina-
tions at all inputs . Aileron position feedback is obtained from the actuator
piston rod*

The aileron actuator contalne a force feedback piston that provides
the compensation necessary to achieve the required c].osed-loop response and

a delay valve that limits the actuator centering rate to 6D degrees-of-
aileron mravel pwr secondl ipon electrical shutdown of the stability augen-

Si The ail1eron actuator was defi.xd for an open loop gain of 45 deg/
S•sec/deg, a no-UoeA rate of 120 deg/secp and a maiu force capability of •

2.5.2 Spoiler Actuation

Me five inboard spoiler panels on each wing are divided into groups
I of three panels and two panels. Metered hydraulic flow is supplied to the

spoiler segment- actuators by an Integrated servo-valve.

Tihe Iftegrated spoiler valve responds to electrical fly-by-wire
inlpAt, electrical afrbrake communds, m cal pilot input commands, or
1sitiLtaneoaus eobinations of all command inputs. Mechanical position feed-
back comands are lrovided by the existing aircraft follow-up linkage system.

H !The integrated spoiler servo valve actuation system had the follow-

Ing design requirements:

TWO RMlL CO(]GULMIO1

_Oien Loop Gain 40 deg/sec/deg

No IcedRate 220 deg/se i

Force Capability Per Pawl Up 5,700 lbs

Open lo~op Gain 2T deg/sec/deg

R load Rate 140 deg/sec
Force Capality Per Panel Up 5,"700 lbs

24- ~ - ---- -- - -- - ____ ___
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-Fz. Each spoltw pawl atator is fitted with a special manifold which

t adapts an electro-hydlraulle flow control va.ve to the unit. Position feed-
[ back Is iprovided by a transducer fitted to the actuator piston rod. The

TeIAt oFCS spoadler ppels operate frop a 15 degree biasor Int.

Design requirements of the WES-FCS spoiler actiation were as
follows:

• .ain Margin 10 db

Phase Margi 70 deg

Open loop Gain 43 sec"!

Force Caraility - Per Panel Up 5,#700 lbs

2.5.3 Rudder and Elevator Actuators

The hydraulic actuatiors used for control of the rudder and ele-
vators are essentially the sase as thove used for the B-2 G and H fleet in-
stallation of BoP U-95.

The rude and elevat~or actuators are mechanically simiar and
differ only in envelope dimension, stroke, and force output. Maximu actua-
tor force output is Limited by differential pressure limiters incorporated
in the actuator package. The actuators position the surfaces in response to
mechanical inputs, electrical inputs, or combinations of both. Surface
position feedback is ob'ained from the actuator piston rod position.

The actuator -•aracteristics are as folows:

Rudder Elevator

Open loop Gain 45 deg/sec/deg 45 deg/sec/deg

Actuator No Load Rate 80 deg/sec: 80 dejsec

Stroke ±1.30 inch ±1.-7 inch

Force Capability 7,320 lbs 10,530 lbs

2.5.e4 fdraulic loer

The -Ing bydraulic power is provided by six engine driven hydraulic
pumps, each augmented vith an electric motor driven pump and accumulator.

The rudder and elevator hydraulic power is provided by two electric
motor driven pumpl. Two separate systems are use-d and each system has a
self-pressurizing reservoir. A standby source of hydraulic power is furnish-
ed by a hydraulic motor driven pump (transformer) powered by the number 5engine driven systemo
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S2.5.5 ectronis
; I Three types of sensors are used in the control system; position,

rate, and acceleration. The position sensors consist of both a.c. and d.c.
types. The doc. sensors awe conductive plastic potentiometers used for
indication of evaluation pilot's control position and control surface posi-
tion. The a.c. position sensor is a idnear Variable Differential Transformer
used for sensing autiliary actuator position in the control actuators.

The rate sensors are miniature rate gyros in two ranges: 0-20 deg/
sec and hO deg/sec. The high range gyros were uaed for sensing aircraft roll
rates.

The acceleration sensors are linear accelerometers used for monitor-
ing aircraft structural and normal accelerations.

The interface electronics comprise the major portion of the control
system electrical/electronics installation. All control signal paths pass
throug some segment of this system. Safety monitor, system engagement con-
trcl fumctions, and inflight data monitoring are all part of the interface
eletronics.

An Interpatch panel, consisting of a removable patchboard and a
mating base panel, receives all flight control loop input and output signals
and allows desired routing of these signals.

The safety monitor system detects deviation In output signals with
preset signal levels and disengages the control system when the preset sig-
nal levels are exceeded. In addition, the safety monitor provides a visual
varning indicator panel for the test engineer to monitor the cause of the
system disengagement.

An engage control panel allows the pilot to select the control mode
desired for a particular flight condition. A slcv .4'wn on system is incor-
porated in the ergg system to prevent large engage transients. Iamp
indicators are availale to the pilot, co-pilot, and test engineer for mon-
itoring syse status.

The test engineer's station has a direct writing oscillograph and
associated switching panel, an oscilloscope, awy aileron and spoiler position
indicators for inflight data monitorins. The pilot is provided seven special
instruments for in-flight data monitoring. Included in these are rudder and
elevator position and normal acceleration at the cg.

The fly-by-wire system is a three axis system using electrical inputI• capabilities of the hydraulic actuator packages.

I • The evaluation pilot's column, wheel, and rudder pedals are dis-
connected from the normal control cables and connected to springs for center-J ing and force gradient control* lbsition transmitters are installed to
electrically indicate the position of the controls. The position transmitter

I . output Asimals are conditioned in the interface electronics and used for
control surface actuator electrical inpAts.
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Two analog computers are insta .le i in thiet•÷.,&rft -A. -. _, -These units are slaved together and used for control signal conditions andto allcv control system flexibility.

The IA"I. comPUter is the main component in the IAs-FCS. The func-tion of the LAS computer is to provide analog signal blending and filteringof control system signals.
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H 3.0 SYSTEM DEFINITION

3.1 Introduction

This section of the report cont&!ns the analyses conducted in defin-
ing and synthesizing the Baseline SAS and IAM-FCS. A description of the
B-52 mathematical model utilized in the IAM1 program analyses is preaented
in Section 3.2. Simplified math models used for individual design, synthesis•
and evaluation studies are also presented. The LANS Baseline SAS design
analyses and the Baseline SAS description are presented in Sections 3-3 and
3.4, respectively. The IAI-FCS design analyses are discussed in Secti.on 3-5
and the resulting IAHS-FCS design is presented in Section 3.6. Several final
system design evaluation studies were conducted for the basic aircraft, Base-
line SAS, and IAMB-FCS configurations and are described in Section 3.7. TheWS-FCS spoiler loop was modified when flight demonstration data indicated
the initial design bad less than optimum performance. The design modifica-
tions techniques arx' outlined in Section 3.8.

3.2 Mathematical Description of the IAMB B-52

The design and theoretical performance analysis of the LWES-FCS
were based upm the mathematical model of the WE B-52 described in this
section. The mathematical form of the equations of motion and the ideali-
zations required to describe the structure and aerodynamic loading are
]presented. SiWplifications and approximations made to expedite specialized
analyses are noted.

3-2A Aircraft Equations of otion

The aircraft equations of motion were written in the following
form:

I4(t)] + IC3'+ [t)+ q(t) C] + [C6] W t)vtt)

+ C I (t)*wg(t-.i) + L ru) Pg(t-ri)=

where:
are the generaized coordinates relresenting rigid body
0otions, control surface motion, and elastic modes (actuator
and SAS freedoms were added as required).

K(t) is Wagner's lift growth function.

t(t) I.- Kussner's lift growth function. 1

Vi(t) is the lateral gust velocity at the gust probe.

Vg(t) is the vertical gust velocity at the gust probe.
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p, (t) is the roll gust angular velocity at the gust probe.iiI~i is the gradual penetration time lag for each ae rodynamic

panel.

Fc1]... fc8 are coefficient matrices, constant for a specified fuel
L1 8 loading, speed and altitude.

For convenience in taking the IaPlace transform of the equations of
motion, the following Wagner and Kussner lift growth function approimations
were used:

VtK(t) w 1 - .165 exp (-.0455 t) - .335 exP (-r3)Ir
V - .t)

*OS1 -. 5 ex.p (--13F) -. 5 exp(-o)
r r

where:
V = aircraft velocity

br1  reference semi-chord (130 inches).

The equations of motion shown above include both the symmetric
(longitudinal' and the antisynnetric (lateral-directional) degrees-of-
freedrm. Aowever, the symmetric and antisymmetric degrees-of-freedom
'rere considered independently and were analyzed separately.

Structural bending and torsional moments and shears were found
after solution of the equations of motion by adding the airluad panel con-
tributions to the mass panel inertia loads (load summation method).

Descriptions of the structural model and aerodynamic assumptions

used to obtain the equations of motion are given in the following paragcaphs.

3.2.2 Structural Idealization

The B-52 elastic and inertia characteristics were idealized in two
stages:

10 lumped parameter idealization

0 Free vibration mode idealization

The lumped parameter idealization resulted in a model as shown in
Figure 13. Inertia properties (mass, static moments, moments of inertia)
were lumped at the structural nodes shown. The nodes were connected by one
dimensional (elastic axis) members. Each node on the wing, fuselage, or

I nacelle struts had five degrees-of-freedom in its local axis system; the seg-
ments were assumed rigid only for axial loading. Each node on the horizontal

I or vertical tail had three degrees-of-freedom. These segments were assumed
[ rigid for fore and aft loading and axial loading.
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Vibration modes were then computed for the unrestrained aircraft Ii
using the lumped parameter model. The modal idealization of the structure

restricted the elastic motions of the aircraft to those which could be ob-tained, frot linear superposition of the selected vibration mode shapes.•

Fifty-nine vibration modes (3'0 symetric and 29 antisic) were selected
as elastic degrees-cf-freedom for the basic equations of aircraft motion.
Natural frequencies for those modes ranged from 0.8 cps to 33 cps.

3.2.3 Aerodynamic Loading

The airloads on the aircraft were idealized in terms of finite area
aerodynamic panels, as shown in Figure 14. A preliminary calculation gave
the unsteady aerodynamic loads on each panel from two-dimensional inccmpress-
ible theory. Then the circulatory part of the airloads was modified to
account for coupling of the aerodynamic panels using an aerodynamic influence
matrix. That matrix was computed, assuming a static Weissinger discrete vor-
tex sheet, with modifications to the- section lift curve slope to account for I -
experimentally measured Pressure fluctuations near the fuselage and engine
nacelles. Fuselage panel airloads were based on experimental data and were
not coupled. Experimetal compressibility (Mach number) corection factors i
were applied separately to the wing, body, stabilizer, fin, and each con-
trol surface. Control surface aerodynamics were further modified to match
test data for hinge-moments and center of pressure.

Additional modifications were made to the lateral-directional parts
of the equations of motion to assure correct, Dutch roll performance of the
mathematical model. The most impmetant change of this type was the addition
of lift on the wing due to sideslip which provides the primary contribution
to "CgI" (rolling moment due to sideslip) for the B-52.

The above "experimental corrections" were small with the exceptions
of control surface effectiveness at high Mach numbers, hinge moment data,
and lateral derivatives depending upon symmetric angle of attack. A purely
theoretical aerodynamic analysis with conventional lateral derivative correc-
tions would yield essentially the same results.

The panel airloads were used directly for computing structural
loads. For the-equations of motion, generalized airloads were found from a
matrix expression of the external work done on the aircraft by the afrloads
using vibration mode shapes as elastic degrees-of-freedom.

3.2.4 Simplified Mathematical Model

The complete mathematical model, 30 symmetric and 29 autisymmetri-
elastic modes, aý shown in Table II through V, was used for structural
performance evaluation and stability margin analyses. Smaller. simplified
mathematicol models, which contained fever elastic modes, were used advan-
tageously Zihrougholt the pro~ram. their use not only reduced computer
requirements, but provided the designer with a convenient tool -for special-
ized analyses.
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TAKE 11

iv SYWMTRIC ANALYSIS DEGREES OF FREEDOM4

350 KIP 270 KIP

MODE FREQ. MODE FREQ. MODEB
NO. Hz DESCRIPTION Hz DESCRIPTION

- Rigid Body Vert. - Rigid Body Vert.
- Rigid Body Pitch - Rigid Body Pitch

1 .85 WG .89 WG
2 1.80 ON-WG 1.82 ON-WG
3 2.01 IN 2.01 IN
4 2.19 ON-WG 2.21 ON-WG
5 2.34 WG-AB 2.41 WG-AB
6 2.62 ABWG 2.76 AB-WG
7 3.13 WG-IN-AB 3.13 WG-IN-AB

8 3.45 WG-AB 3.85 WG-AB
9 5.35 WG-FB 5:65 WG-ON

10 5.80 ON 5.98 IN-09
11 5.99 IN 6.o1 IN-ON
12 6.44 WG-ON 6.80 WG-ON-FB
13 7.55 HT 7.59 HT
14 9.09 WG 9.25 WG
15 9.61 AB-WG 10.28 WG
16 10.11 WG lO.41 AB-WG-FB
17 10.71 ON-WG 11.10 WG-AB-01o
18 13.53 AB-WG 1.4.02 WG-AB
19 14.52 WG 14.72 WG
20 15.13 WG-HT 15.76 HT
21 16.21 HT 17.09 HT-WG
22 18.20 HT-AB-WG 18.74 WG
23 18.94 WG 19.43 WG
24 19.51 WG 20.50 HT-WG-AB
)25 21.58 HT 21.70 .1T

"26 22.20 WT-WG 23.21 HT-WG
27 24.39 HT 24.40 HT
28 24.57 HT 27.86 AB
29 31.34 WG 31.78 WG

30 31.92 WG .2 11-T

Actuator and Control Surface Dynamics
SAS degrees-of-freedom
Wagner and Kussner lift growth

Component Abbreivations: AB - Aft Body
FB - Forward Body
WG - Wing
HT - Horizontal Tail
VT - Vertical Tail
IN - Inboard Nacelle
ON - Outboard Nacelle
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TALE III

SY1METRIC ANALYSIS DEGREES OF FREEDOM

K 241 KIP 222 KIP

KMOIDE FREc. MODE FREQ. MODE
~O.I~zI DESC IO~CN I z IDESCRIPTION

Rigid Body VEZt. Rigid Body Vert.
- Rigid Body Pitch - Rigid Body Pitch

1 1.00 WG 1.O4 WG
2 1.86 WG-CK 1.88 WG
3 2.02 IN 2.02 WG-Off
4 2.24 WG-09 2.25 WG-DI
5 2.67 AB-WG ?.C7 WG-AB
6 2.90 WG-AB 3.02 AB-WG
7 3.14 WG-IN-AB 3.15 WG-AB
8 3,98 WG-.B 4.25 WG-AB
9 5•.80 (C!-WG 5.82 ON

10 6.oo IN 6.0o IN
U 6.15 ON-WG-HT 6.23 WG-AB
12 7.22 WG-HT 7.35 WG-AB-HT
13 7.61 HT 7.62 HT-AB
14 9.65 WG 10.18 WG
15 10.57 WG-AB 10.76 AB-WGf 16 10o99 WG-AB-FB i,.44 WG-AB-FB
17 1.152 WG-ON-AB 12.13 WG
18 1)4.144 WG-AB 1).7 WG-AB-FB
19 15.41 HT 15.58 WG-AB-HT
20 16.o8 HT-WG 16.42 HT-WG

S21 17 .42 HT-WG 17.98 WG-UT
22 19.83 WG 20.14 WG-AB-HT
23 20.31 WG 21.13 WG-HT
214 21.o6 HT-WG 2150-WG
25 21.98 HT 22.28 HT

Actuator and Control Surface Dyuamics
SAS Degrees-of-Freedom

Component Abbreviations: AB - Aft Body
FB - Forward Body
WG -Wing
UT - Horizontal Tail
VT - Vertical Tail
IN - Inboard Nacelle
ON - Outboard NAcelle
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ANTI-SYMMETRIC ANALYSIS EGIEES OF FREEDOM

350 KIP 270 KIP

MODE FREQ. MODE FEQ. MOrE
NO, Hz IESCRIPTION Hz DESCRIPTION

Rigid Body Lateral - Rigid Body Lateral
Rigid Body Roll - Rigid Body Roll

- Rigid Body Yaw - Rigid Body Yaw
1 1.18 AB 1.19 AB
2 1.57 WG 1.58 WG
3 1.95 ON-WG 1.96 ON-WG
4 2.05 IN 2.o6 IN
S2.54 VT-WG 2.61 WG-VT
6 2.68 WG-VT 2.80 VT-WG
7 3.15 WG 3.16 WG
8 3.43 VT-WG 3.67 WG-FB
9 4.09 VT-FB 4,35 VT-FB

10 5.02 WG-VT 5.06 WG-VT
3 5.85 IN-VT 5.87 IN-VT
12 5.92 VT 5.93 VT
13 5.95 VT-OK 5.96 ON-VT
14 6.29 VT-IN 6.60 VT-IN
15 6.92 HT-VT 7.30 VT-HT
16 7.97 WG 8.32 WG
17 9.37 HT-VT 10.65 ON-WG
18 lO.64 ON-WG 10.90 VT
19 11.17 VT 11.59 VT-WG
20 n.61 WG-FB 12.92 VT-AB
21 13.11 VT 13.68 WG
22 13.46 AB-HT 14.28 VT
23 13.63 WG-FB 14.46 VT-WG24 14.42 wG 14.86 VT
25 15.63 VT 16.20 VT
26 15.%-5 VT 16.7'5 VT-HT
27 16.66 VT-HT 18.18 VT
28 18.22 VT 18.42 VT29 18.26 VT 19.21- VT-HT

Actuator and control surface dynamics
SAS degrees-of-freedcm
Wagner and Kussner lift growth

Airplane Ccmponents are abbreviated as follows:
SFB - Forward Body AB - Aft Body WG -Wing
IHT - Horizontal Tail VT - Vertical Tail

IN - Inboard Nacelle ON - Outboard Nacelle
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TABLE V

ANTI-SYMEhTRIC ANALYSIS DEGREES OF FREEDOM

241 KIP 222 KIP

MODE FREQ. MODE FREQ. MODE
NO. Hz DESCRIPTION Hz DESCRIPTION

-Rigid Bo'y Yaw - Rigid Body Yaw
1 1.23 AB 1.26 AB
2 1.72 WG 1.73 WG
3 1.99 ON-WG 2.02 IN
4 2.07 IN 2.o8 IN
S2.64 WG-VT 2.65 WG-VT
6 2.81 VT-WG 2.82 VT
7 3.22 WG 3.39 WG
8E 3.75 WG-FB 3.77 FB-VT-WG
9 4.39 VT-FB 4.42 VT-FB
10 5.50 WG 5.71 VT-WG
11 5.93 VT 5.94 vT
-2 5.95 VT 5.98 ON

13 5.97 ON 6.o1 VT
14 6.87 VT-HT 6.94 VT-HT

15 7.50 VT-HT 7.63 VT-HT
16 9.25 WG 9.89 WG

17 10.95 VT 11.02 VT-HT
18 11.1o WG-VT U.48 WG
19 n.96 VT-FB 12.31 FB
20 12.93 VT-AB 12.94 VT20 14.29 VT 14.34 VT
22 14.74 WG-VT 14.91 WG

23 15.14 VT-WG 15.80 VT
24 15.56 WG-VT-HT 16.10 VT-HT-WG

25 16.23 VT-HT 16.29 VT
26 16.77 VT-HT 16.80 VT

27 18.23 VT 18.24 VT

Actuator and control surface dynamics
SAS degrees-of-freedom

Component Abbreviations: AB - Aft Body
FB - Forward Body
WG - Wing
HT - Horizontal Tail
VT - Vertical Tail
IN - Inboard Nacelle
ON - Outboard i.=elle
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The simplified models are derivatives of the complete models and are
sumt.arized below. In general, all of the simplified model gust penetration
lags werE reduced to three. The three lags consisted of: one for the in- I
board wing and forward fuselage, the second for the outboard wing and aft ¶
fuselage., and the third for the empennage. The simplified models used are
as follows:

Baseline SAS Design and Stability Analysis Model Z

0 i4 degrees-of-freedom longitudinal axis (2 rigid body and first
12 structural modes)

1 i degrees-of-freedom lateral-directional axes (3 rigid body and
first U structural modes)

* 4tW order actuator model

* Wagner lift gro~rth functions

IAMS-FCS Basic Aircraft Studies Model

0 16 degrees-of-freedom longitudinal axis (2 rigid body and first
14 structural modes)

* 14 degrees-of-freedom lateral-directional axes (3 rigid body and

first 11 structural modes)

IAM1-FCS Gust Alleviation Studies Model

* 2 degrees-of-freedom longitudinal axis (rigid body modes)

* 1st order actuator dynamics

IAiS-FCS Optimal Control Derivation Model

* 5 degrees-of-freedom longitudinal axis (2 rigid body and first,
second, and sixth structural modes)

0 5 degrees-of-freedom lateral-directional axes (3 rigid body and
first, eighth, and ninth structural modes)

0 First order actuator dynamics

* Wagner lift growth functions

IANS-FCS Controller Synthesis and Performance Sensitivity
(Analog Computer Model)

* 8 degrees-of-freedom longitudinal axis (2 rigid body and first,
second, fourth, fifth, sixth, and eighth structural modes)

0 8 degrees-of-freedom lateral-directional axes (3 rigid body andj first, second, fifth, eighth, and ninth structural modes)
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* Wagner lift growth functions

In addition to the above, the sensitivity analysis included:

* Gyro limits, actuator limits, and internal system signal
path limits

* Actuator hysteresis

IAMS-FCS Initial Structural Performance and Stability An]lysis Model

* 16 degrees-of-freedou loni tidinal axis (2 rigid body and first
14 structiwal modes)

* 1.4 degrees-oa-freedom lateral-directional axes (3 rigid body and
first 13. structural modes)

* 3rd order actuator dyamuics

(stability analysis only)

* Wagner lift growth functions

SHandling Qualities Studies (Analog Computer Siulation)

* 3 degrees-cf-freedOw longitudinal axis (rigid body quasi-elastic)

0 3 degrees-of-freedom lateral-directional axes (rigid body quasi-elastic)

0 3rd order actuator dynamics

* Actuato and control input limits

* Spoiler nonlinear gains

IAHS-FCS .F•zal Btabilty Analysis

* 214 degrees-at-freedom lontudinal axis (2 rigid body and first

22 structural modes)

* 214 degrees-ct-freedom lateral-directional axes (3 rigid body and
first 21 structural modes)

4 1th order actuator dynamics

*2nd order sensor dynamics

S Wagner lift growth function

I'
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SThese analyses used the mathemati• al models described in Section 3.7.1.2
based on the degrees-of-freedom contained in Tables II through V.

Final Systems Structural Performance Evaluation "'bdel

(Used entire math model as described in Section 3.2.1)

3.3 Baseline SAS Destgn Analysis

The general Baseline SAS design criteria states that the Baseline
"AS via:

"* Be representative, of conventional stability augmentation systems

"* Not signifirantLy disturb or control air'raft structural modes

"* Provide stability auguentation to the three aircraft axes

"* Retain or improve handling qualities

"* Have a minimum of 10 db gain margin and 60 O'egree phase margin
for all structural modes

Design synthesis for the Baseline SAS primarily utilized gain and phase root
loci techniques; supporting design analyses u-ed frequency response tech-
niques.

Stability analyses were conducted using gain and phase root loci as
well as frequency response techniques. Handling qualities were evaluated
using time history response of the rigid body dynamics. All of the tech-
niques described above are accomplished with digital computer programs.

The initial IAIE B-52 test vehicle configuration included spoilers
flown in the zero afrbrake position. Subsequently, the configuration was
modified to fjy the outboard two spoiler panels on each wing at a 15 degree
biased position to accommodate the IMB-FCS design. The Baselije SAS was
designed for the initial test vehicle configuration and was not modified
as a function of the altered test vehicle configuration since the biased
spoiler configuration would not materially affect the results.

Stability margins for the 15 degree bias spoiler configuration
were calculated for flight condition 1 and no significant effects were
observed.

3-A Baseline SAS Description

The Baseline SAS is a three axes aircraft flight control system.
The system design accmodates operation of each axis independently or any
combination of the three axes. The system is described in the following
paragraphs as a longitudinal axis system and a lateral-direational axis
system.



3.4.1 Iongitudinal Axis (Symmetric)

The primary function of the Baseline longitudinal SAS is to augment
damping of the short period mode. Figure 4 shows the system block diagram
and contains the gein schedule for the three 1AJ flight conditions. The
SAS augments short period damping with a pitch rate feedback signal driving
a hydraulically powered elevator. Pitch rate is obtained from a rate gyro
located at Body Station 820. An electronic filter shapes the feedback sig-
nal to ensure stability and obtain desired handling qualities. This filter
includes two networks. The washout network (s reduces the SAS re-
sponse to low frequency pilot commands and the rolloff network

(s +15)2
attenuates structural mode feedback. Thus, the electronic filter rejects
feedback signals generated by the pilot or the structural modes and accepts
only the signal generated by the aircraft short period mode.

3.4.2 Iateral-Directional Axis (Antisymmetric)
I

The Baseline Iateral- Directional SAS design and gain schedule are
presented in the block diagrm of Figure 5 . This block diagram includes
a Baseline roll SAS, a Baseline yaw SAS, and an aircraft dynamics block
which includes coupling effects between the roll and ya systems. Also
incutded are spoiler contributions to the system and the evaluation pilot's

& inputs.

This Baseline roll SAS design improves roll response of the aircraft
to the evaluation pilot's wheel coad without decreasing steady-state roLU
rate capability of the aircraft by more than 10 percent. A feedback loop
decreases the xo-. time constant by sensing roll rate with a rate gyro lo-
cated at Body Station 820. The gyro signal, with proper shaping and gain I
(Kl), is fed into the aileron acutators.

Signal shaping is made up of two electronic filters. A notch fil-
ter placed in the forward path keeps the evaluation pilot's wheel command
from exciting the second structural mode, which consists primarily of the
wing vertical bending. A filter in the feedback path provides high fre-
quency attentuation. This prevents the feedback signal from operating on
the structural vibration modes. A forward gain (K) is also included in the
Baseline roll SAS design to maintain the required steady-state roll rate
level.

The Baseline roll SAS was designed to be used with the evaluation
pilot only. No Provisions were made to Implement the change in forward gain
(K) other than by electrical amplification of the fly-by-wfre signal gener-
ated by the evaluation pilots' wheel command.

* Iuproveusmt in roll response is obtained by aileron overshoot and
therefore is not attainable for wheel commands large enough to saturatethe nilero The m fraction of full wheel command that can be-dn to
saturate the ailerons is equal to the reciprocal of the forward gain (K. J
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ignal is shaped and fed to the rudder actuator. A washout term is included
in the shaping network to prevent the rudder from opposing the evaluation
pilot and monitor pilot commands during turns. High frequencies are
attenuated with a roll off term to eliminate structural mode feedback. I

Coupling between the roll and yaw systems was not of major concern
during the Baseline SAS design, but the SAS does reduce coupling effects.
Roll rate response resulting from a wheel command contains a Dutch roll
component which the Baseline SAS damps; thus, the roll rate component
attributable to aircraft sideslip is reduced. I
3-5 IMS-FCS ')eign Anasysis

The suggested general design criteria for the IAI4-FCS require
that the system:

0 Retain or improve the existing aircraft handling qualities.

r Have a ianitm of 10 db gain margin and 60 degree phase margin for all
rigid body and structural modes.I Provide measurable Improvement in terms of fatigue damage or maximum
expected loads.

The segments of the design process were categorized as basic air-
craft studies, gust alleviation studies, optimal control theory design, and
system simplification synthesis. These analyses used the math models de-
scribed in Section 3.2.1.

3.5-1 Basic Aircraft Studies

The basic aircraft study validated the computational program used
by Boeing and Honeywell. This was accomplished by comparing free aircraft
data. In addition., this study suggested the relationship of both rigid body
and structural modes to fatigue damage rate and to local accelerations at
the pilot's station.

3.5.1.1 Controls Locked Fatigue Damage Calculations'

RNI sress and stress rate calculations are based on the applica-
tion of residue theory to the stress or stress rate per RMS gust transfer
functions. These transfer functions are formed from a linear combination
of moment to RI gust transfer functions and appended with the turbulence
model transfer function. Fatigue damage rate calculations are derived from
the Minor hypothesis.

The computer prrams for calculating RNS stresses, RMS stress
rates, RMS accelerations, and fatigue damage rates were verified by Honey-
well by computing check data for the free aircraft configuration to compare
with similar data computed at Boeing-Wichita. Figures 15 and 16 present
the relative mode contribution to the total mean square stess and the
relative expected fatigue damage rates at each of the critical stress
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on ranking of the residues associated with the second order complex struc-

tural mode roots.

3.5.1.2 Artificial Damping Studies

The objective of this study was to determine how damping the
toa te. Mode damping was accomplished

by altering the uncoupled mode damping ratio. The modal pole and zero both
undergo translation., since modifying the free vibration mode damping values

vlll effect the numerator and denominator roots of the stress and stress
rate per RMS gust transfer functions. The study used flight condition 1
longitudinal and lateral data without transport delays.

For the longitadinal axis, -ancoupled damping was increased by a
fact- Pf two and then four over 'nominal for structural modes 1 through 6.
The only signficant change in damage rate results from a modification of
stuructural eAe 1 damping. Doubling the uncoupled damping of structuralmode 1 decreases the damage rate of Wing Station 516 by 26 percent while

increasing the damage rate at Wing Station 899 by 23 percent. Additional
structural mode 1 damping increases the damage at Wing Station 516. The
only significant reduction in RMS acceleration resulted when structural moue
6 daping was increased to four times nominal. For this condition, the
acceleration decreased from 0.0156 g to 0.0125 g RMS. Figure 17 shows re-
suits of the artificial damping study for the longitudinal axis.

Similarly, for the lateral axis, the uneoupled damping ratio was
first doubled and then increased by a factor of four. The first five
structural modes were artificially damped for this axis. The results indi-[ cate that only by damping structural mode 5 can any appreciable improvement

in location FS 135 fatigue damage be obtained. Increasing the damping of
structural mode 1 by a factor of four reduced the pilot's lateral acceler-ation from o.0082 g RMS to 0.0051 g RMS.

3.5.1.3 Uncoupled Mode Investigation

By uncoupling the equations of motion, the natural frequencies,
dasyn ratios, and importance of forcing functions may easily be determined.
The uncoupled natural frequency and damping ratio of all symmetric and un-
symmetric elastic modes were calculated and tabulated for flight condition 1.

The ratio of the control surface response to the gust response of

a given elastic mode demonstrates to what extent the effects of the totalE response may be alleviated. From the uncoupled equations of motion, this

rat.1o can be calculated for steady-state conditions.

3.5.2 Gust Alleviation Studies

Three preliminary gust alleviation concepts were synthesized. The

first concept stabilizies rigid-body motion, the secoad concerns loads, and
the third attempts to minimize wing fatigue. These alleviation concepts
were evaluated by inspection and analog simulation. It became apparent

from the other WE studfies that the IAME type problem had to be solved
as an entirety which suggested the application of the optimal control theory.
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Although it was apparent that they would not be used in the IAM-FCS, the
three gust alleviation concepts were evaluated to provide background infor-
mation and insight to the system designer.

3.5.2.1 Center of Gravity Disturbance Alleviation

This concept attempts algebraic cancellation of gust forces withailerons folasand elevator controls. The required elevator and aileron gains are

as follos:
6 e

-. 0735 deg/fps
0g

6!

a +2.78 deg/fps
W9

A problem arises from this approach if vertical turbulence is
sensed with a vane Or gust probe. The system is destined to sense k
feedback, as shown in Figure 18.

, 1

CLOED LOOP SYSTEM

FIG=WE 18

46

I ~ -



- 1
- I

This closed loop system can be efieq~ve o-ly if "he ,l-^ L& U
high-pass filtered for frequencies above the short period natural frequency.
This filtering though omits the most important portion of the gust spectrum
for load alleviation. If filtering is neglected, airframe dynamics will be
severely altered to the point of unacceptable handling qualities. Initially,
this concept was considered to have the most promise for the B-52; h~wever
improved filtering and a scheme for deriving ag would be needed for imple-
mentation. Had this concept been pursued, considerable design emphasis
would had to have been placed on handling qualities and aircraft structural
mode stability.

3-.5.2.2 Wing Stress Disturbance Alleviation Concept

This concept considered cancellation of loads with control surface
activity to maintain minimum wing stress levels. This method cdlls for con-
trol surface activity far beyond realistic amplitude and rate values as
noted below: j

6ee= 8.4+7 deg/fps

ba = 17.55 deg/fps

A supplementary approach which feeds back aircraft rigid-body motions and
sensed turbulence also required unrealistic control surface activity. This
method gives rise to undesirable handling qualities caused by exceptionally
large pitch short-period natural frequency.

3.5.2.3 Wing Fatigue Disturbance Alleviation Concept

This concept attempts to hold wing stress rates at a minimum via
cancellation of gust and gust rate induced loads with the aileron and
elevator control surfaces. The required control surface activity was
found to be:

-5. -1118 [98.5 ::aj: + [91.6:];

A supplemental system fed back airczaft rigid body motions as well. The
controller equation was then:

lel -1110.0 77.1 Fi F-25.8 1240.
a L298_ l_.ojL + Ie 2 9 8 .

÷1 J
916 g
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Both approaches created sluggish aircraft responses and the systems were

marginally stable.

3-5-3 Optimal Control Theory

One goal of the IAMB study was to reduce fatigue damage rate and
acceleration at the pilot's station through the use of automatic control.
One technique for accomplishment of this goal is the use of optimal control
theory. In this, the quadratic control problem was determining the linear

! ~feedback controller which minimized a scaler performance index of fatigue
damage and acceleration.

Two measures of structural integrity were used in thi's program:

an estimate of the likelihood of exceeding static ultimate strength and
an estimate of fatigue lifetime. The lifetime of a single structural mem-
ber is determined by the minimum value for this pair of measuwes. Since the
aircraft is a miultimember structure, its lifetime is the minimum of all
members. Therefore, the structural performance goal of the control system
is to increase this measure.

A mathematical property of optidal controllers permitted exclusion
of handling qualities from initial design efforts. The property is that the
quadratic-optimum controller, which minimizes the effects of disturbances,
consists of a linear feedback controller and a linear feedforward controller
(from the disturbance input), and the feedback controller is independent of
the statistics of the disturbing input. This independence implies that one
could initially design a feedback controller for structural integrity and
ride qualities in gusts, and later design an input filter (for pilot stick
commands) for good handling qualities. Therefore, handling qualities were
not considered in the optimization formulation. The maximum structural
integrity measure was formulated as a miniman cost function and the control-
ler minimizing the quadratic cost function was found by a conventional
Iegrang multipliar manipulation.

Digital programs were used in the iteration process necessary for
obtaining final results. D1tailed derivations of the performance measurc
and the optimal control law are presented in Appendix A and a description
of the mathematical model used for the optimal control program is presented
in Section 3.2.4.

S3.5.4 Optimal Control Law Simplification

Optimization techniques resulted in control laws containing 81

gains in the longitudinal aoxis and 90 gains in the lateral-directional axis.

Therefore, the control laws had to be simplified to lend themselves to a
practical system design for implementation aboard the B-52 flight test
vehicle.

The simplification techniques primarily utilized the analog com-
puter simulation described in Section 3.2.4. The simplification procedue
was an iterative method:
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* Start with the free aircraft simulation

0 Add one feedback from the control law

* Retain that feedback if the performance was beneficial

* If the performance was not beneficial, change the feedback sign and
retain if beneficial

* If thc performance w'as still not beneficial, discard that feedback

* Add another feedback and iterate the above procedure

After a simplified set of feadbacks were determined in this manner, addi-
tional iterations were accomplished for variations in feedback gains in an I
attempt to duplicate the original optimal control law performance.

I

Supporting digital computer analyses evaluated the simplified
system stability and performance during the analog computer -. ative pro-
cesses. Descriptions of the mathematical models used for tht: digital com-
puter programs are presented in Saction 3.2.4..

The IAMS longitudinal FCS was designed with the foregoing technique
but repeated difficulty in attempts to simplify the Lateral-Directional
optimal control law required a "start from scratch" analog computer design
synthesis for the IAX.I Lateral-Directional FCS. That procedure was similar
to the one described above with the exception of having a control law as a
guideline.

3.5-5- Sensor Blending Technique

The controller synthesis efforts determined the appropriate air-
craft parameters to be used as feedbacks to the available control surfeces.
Application of matrix inversion techniques then defined the sensor signal
blending gains required to obtain the desired feedback parameters. As an
example, the IAMS Longitudinal FCS required feedback signals of rigid body
pitch rate (6), structural mode 1 rate (il) and structural mode 6 rate (4')
Three rate gyros were selected to derive the three rate feedback terms.
Their location was chosen by judiciously observ-ing the mode shapc slopes of
the fuselage and wing, see Figures 19 and 20. Observe that the sensor
locations tend to max.mize desired sensed parameters and minimize undesired
sensed parameters within the constraints of required polarities.

Considering the rate qrro output.signals to be functions of only
the three desired parameters, 0, q 1 , and q6 , the output signals may be
expressed:

rate gyro 1 output- a21 a2, a 2

rate Q-ro 2 output = a a

21 22 23-rate gyro 3 output- a a aA ' 3



I
rate gyro 3 output q6a

Irate gyro 2outputj [a]

rat gro 3 out!pUt '~6j

where all, a12, etc* are the numerical modal coefficients from the mode

shape curves. After pre-multiplying by the inverse of the matrix 1a] the
equation above becomes:

Fe]-l rate &-roi1output~
qJ I [arate gyro 2 outputj

[q 6] Lrate gyro 3 outputj

and the elements of [a] are the required blender gains.

3.6 1AM -FCS Description

The preceding analyses resulted in the design of the IANS Flight
Control System. The ongitudinal-Axis is defined in paragraph 3.6.1 and
the Iateral-Dfrectional Axis in paragraph 3.6.2 The location of the 10 rate
gyros used in the IAMS-FCS is shown in Figure 21.

3.6.1 Iongitudinal Axis

Figure 6 shows the block diagram of the longitudinal axis FCS and
the system gains for each flight coriit:,o. The 25/(25 s+l) pseudo integra-
tions of the sensed rate signals prat-idt: disy' cement signals for blending
and shaping. The 25 second time conetaut was based on analog studies. A
smaller time constant made the command response overdamped, whereas a larger
time constant gave rise to extremely large settling times on command signal

release.

The elevator control loop lag-lead f ilter (S/115+1)/(S/20+l)
was selected to modify the elevator actuator-control surface dynamics to
conform with the dynamfts associated with the derivation of the optimal
feedbacks. The ideal system had actuator-control surface dynamics which
corresponded to a lag at 20 radians per second. Hence, cancellation of the

pole at 46 radians per second, and the addition of a pole at 20 radians per

second combined with the actual actuator-control surface dynamics, yields

a reasonable approximation to the ideal dynamics. The 100 radians per see-
ond notch filter is used to offset the peaking at 102 radians per second
caused by the elevator control surface. This notch filter provides approxi-

-' mately 16 db attenuation at 100 radians per second.

The aileron loop lead-lag network (S/IO+l)/(S/l00+l) provides lead

compensation for structural mode 6. The 100 radians per second notch iss
functionally identical to the elevator notch filter.

50
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S epoiler loops prevent D.C. null off sets in the loops.

The pilot input command drives an electromechanical servo in
parallel with a direct low-pass input to the elevator ser-,,o. The gain,
Kp? is a function of flight condition and is selected to give a fixed pitch
rate response per control column deflection for each of the three flight
conditions.

3.6.2 Lateral-Directional Axis

Figure 7 shows the block diagram of the Lateral-Directional Axis
FCS and the system gains for each flight condition.

Ruddar control loop actuation dynamics are altered to approximate
ideal system actuator dynamic with the lag-lead network (s/46+l)/(s/15.3+l).
The 100 radians per second notch filter attenuates the peaking of the rudder
actuator-control surface dynamics at lOO radians per second.

Aileron loop filters (s/7 * I(s!k/0 + 1) / s2O + S/40 +1)
modify the aileron actuator-control s ace dynamics to approxi Ate actuator
dynamics of the optimal system.

The lateral-directional axis pilot coanand inputs drive the rudder
directly for yaw conrro6i and command the ailerons and spoilers to obtain
sufficient roll rate. The gain, Kp, is selected to achieve a constant roll
rate per control wheel deflection for all flight conditions.

3-7 Evaluation of Final Systems

Upon completion of the Baseline SAS and IAYZ-FCS design synthesis
programs, several detailed evaluation analyses of the system designs were
conducted. Boeing-Wichita evaluated the systems stability, handling quali-
ties, and structural performance and Honeywell ccnducted a performance sen-
stivity study. These analyses and studies were more comprehensive and
detailed than those accomplished during the systems design and development
stages. The analyses served two distinct functions:

0 Assured theoretical compliance with the suggested criteria presented
in Section 1.0

* Produced theoretical performance data for comparison with flight
demonstration data

3.7.1 Safety Analysis

The safety analyses were conducted to assure the systems had ade-
quate stability margins. The stability analysis segment calculated phase and
gain margins as a function of the feedback loop gains and the flutter analy-
sis segment calculated aircraft structural stability as a function of test

* ivehicle airspeed.
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3.7.1.1 Stability Analyses

Stability analyses were conducted for the Baseline 3AS and IAM1-
FCS. System bandwidth differences required that the LAM1-FCS stability
analysis be conducted rsing a larger mathematical model than was used for

Baseline SAS. The mathematical model descriptions are presented in
Section 3.2.4.

S3.7.1.1.1 Baseline SAS

The Baseline SAS stability analysis utilized closed loop gain and
phase root loci plots and open loop frequency response plots to determine
the theoretical system gain and phase margins. Digital computer programs
were used exclusively to calculate the required data.

3-7.1.1.2 IAHS-FCS

Initially the tIAIS-FCS stability analysis utilized closed loop gain

and phase root loci plots and open loop frequency response plots to determine
the theoretical system gain and phase margins for the three IANI flight con-
ditions. The root loci programs varied the gain of each feedback loop of the

Smultiloop system while all other loops remained at nominal gains. Open loop
frequency response plots were obtained for the multiple feedback loop system
by assuming one loop open with aUi others closed at nominal gain. Digital
comyuter programs calculated the frequency response and root loci data.
Digital computer capabilities limited the number of degrees-of-freedom used
for root loci techniques to be less than the number of degrees-of-freedom
utilized for frequency response programs. Subsequently, only frequency re-
sponse programs were used for final calculations of the IAMS-FCS stabilityS~analysis.

S3.7.1.2 Flutter Analyses

| Flutter analyses of the IAMS aircraft were conducted for the basic
Shydraulically powered aircrafl (with SAS)., -the Basýeline SAS., and the !A•.1-13

FCS Stability Augmentation Syztem.

'3.7.1.2.1 Basic Aircrl'et and Baseline SAS

The basic aircraft and Baseline SAS analyses were conducted to
provide flutter clearance for all altitudes and gross weights used throughout
the !AMS test bed mission profile up to and including the maximum airspeed
for straight and level flight (400 IWS and .90 Mach). These analyses con-
sisted of analyzing three altitudes (10,000, 22 000, and 32,700 feet) and

four gross weights (350. 270, 241, and 222 KIPS). To attain the high air-
speed at low altitude, the B-52E 3000 gallon external tanks were removed as
tabulated in T.O. 1B-52E-l handbook, Section V, Flutter Idmitations.

cat The analyses required to provide adequate evaluation of the air-
craft flutter boundary for the above conditions are as follows:
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' Gross
welirt Altitude Analz-ses

KIES 1000 feet Symmetric Antisymmetric

350 10, 22 & 32.7 Included 2 RB & Elastic Included RB Yaw & Blas-
D(P's 4 thru 22, 27 & tic Da's 4 thru 18,28. (Section 3.2.4 20.4 22

2820 22, 30 &31- (Sec-Table II) tion 3--2-., Table IV)E

270 10, 22 & 32.7 Included 2 RB & Elastic Included RB Yaw & Elas-
DOF's 14 thru 16, 18 thru tic DCF's 4 thru 18,
22, 26 & 28. (Section 21, 22, 29 & 30. (Sec-
3.2.4, Table II) tion 3.2.4, Table IV)

241 10, 22 & 32.7 Included 2 RB & Elastic Included RB Yaw & Elas-
D(F's 4 thru 16, 18 thru tic D(F's 4 thru 18,
22, 26 & 28. (Section 20, 22, 29 & 30. (Sec-
3.2.1., Te.le III) tion 3.2.14, Table V)

10, 22 & 32.7 Included 2 1RB & Elastic Included RB Yaw & Elas-
DF'6s 4 thru 16, 18 thru tic DWI's 14 thru 18,22, 26 & 28. (Section 20, 22, 29 & 30. (See-
3.2.14, Table III) tion 3.2.14, Table V)

The basic aircraft analyses included control surface and actuator
'dynmics and the Baseline SAS aunlyses added the SAS dynamics presented in
Section 3.-. Inputs by Kussner and Schvarz two-dimensional strip theory,
coreected for finite span and compressibility effects, was used in the aero-

f dynmic portion co the analyzer.

The IAMW-FCS flutter analyses were conducted to provide flutter
elearance for AM flight conditions one and three as discussed in the

.ntroductno H-wever, the followd analyses were conducted to provide
adequate clearance far the flight test program with respect to airspeed,
gross welits, and IAM flight conditions:

! 5
I
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Gross Flight

Weight Altitude Condition Analyses

Km lOOO feet Synmtric Antisymmetric

350 10 1 Incblued 2 RB & Inclued 2 RB &
the first 26 elas- the first 28 elas-
tic modes from tic modes from
Table II. Table IV.

270 10 33 z•cmded same Included Rame
number of modes as ber of mes rm
above from Table above from Table

TT. IV.

270 32 aT 3 Used se as Used seae as
i0u000 f-oty, 10cr d o foot2VOKIPS 270 KIPS
ctionfg ontirn cosfyseatii n

2e1i 32i7 3 Inclseed 2 iRB & Included 2 ths &
the first 26 elas- the first b8 elas-
tic modes froa tic axodes from

Table iv. Table V. t

disclu se is thnluded the duiranlic actuator control sr-face dynamt cs in
addstioi to the IAti-n S dcandcs tuesentei in Sectanl 3.6. As noted above.,
Kuss2er and Schwarz t-ismesicnal strip theory,s cwrre for finite span
and comiressilb•ty effects., was used in the anajlyis.

In addition to the above sIwe ry anacmlsesd parametric vnap atifl t
in the ihtcdi lateral od direction control system n.ss the
aileron and aev te th dyef e tcs, aod the nonlinear effects af the ait -
eron hinge moment qere accomplished to Identofy the sensitivmty of these

parameters to twe. aircraft flutter bounda tdy.

S~The above IAMS-ICS flutter analyses were conducted with the initial
SILOV spoiler configuration vhich used all seven spoiler panels per ving as

discuss•d In the Introduction and Section 5.2.2. Uomever, when the rAMS
spoJiler configuration was chne to uslag only panels 1,, 2., 13j, and U., the
270 KUP symmetric and antisymmtric analyses vev rerun for FC-1 WAd 3
respective. No further analyses were accomplished since no apparent flut-
ter problems existed up te and including the inened test airspeeds for
either flight condition.

3.7.2 Baa i ualities Evaluation

To evaluate the effect of he Baeln oS and TANS-FCS nn the
aircraft hand"lIn qualities., the basic aircraft was simulated using a six
degree--of-freedoms queas-elastic model. To assure that the simlated air-
craft .mde-1 wa an adequate representatioua, the simulated aircraft response
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L was compared to that of past flight test data.

The dynamic characteristics of the simulated model including the
Baseline SAS were checked by comparing root loci plots from the quasi-
elastic model analysis and a 24 degree-of-freedom model analysis. To check
the response of the quasi-elastic model with the IAMS flight control system
in the loop., time history responses were obtained from Honeyweli analog
-simulations for various types of inputs and compared to the Boeing quasi-
elastic responses.

When it was assured that the aircraft and both SAS systems were
being simulated accurately, the analog computer was coupled to the Boeing-
Wichita pýint light simulator facility to evaluate the aircraft handling
qualities.

Several different tasks were assigned during each test run so that
the pilot could Judge the maneuvering qualities of the aircraft for various
control inputs. The first task was to fly the airc-aft straight and level
maintaining constant airspeed and altitude. The different maneuvers per-
formed for each run included a constant altitude turn into a specified bank
angle and then a return to the original heading. After this task was
accomplished the pilot did a climbing turn using the same procedure as for
the level turn except that he maintained a fixed rate-of-climb throughout
the turn. The descending turn was then accomplished and a given rate-of-
descent was maintained throughout the maneuver. After completing the turns,
the pilot accomplished a visual tracking task to further evaluate the air-
craft fl-ying qualities.

The runs were five minutes in duration and the pilot was allowed to
fly longer if required for a proper evaluation.

The runs were scheduled in a random sequence to minimize the learn-
ing effects and to ensure that each configuration was evaluated on its mm
merits. Filots were briefed on the purpose of the tests and the flight
condition being evaluated prior to the start of any testing. The pilot was
also allowed a warm up period before each testing session. Total test times
were limited to two hours maximum with a short break at the end of the first
hour to avoid biasing the data by pilot fatigue.

The rating system utilized was typical for handling qualities
evaluation. Although the 'ata is essentially subjective, it was quantified

by the use of Cooper ratings. A questionnaire was also utilized to obtain
Ra reason for the pilot rating, i.e.., problems in holding heading, or diffi-
culty due to a longitudinal stability characteristic. Also measured were
the root mean square angles of attack and sideslip and the pilot's control
activity in terms of wheel, pedal, and column rates.

3p7-3 Structural Performance Analysis

Selected aircraft parameters were used to evaluate the Baseline SAS
and LO/S-FCS effects on structural performance for flight through turbulence.

The parametric evaluations utilized the entire mathematical model described
in Secion 3.2. The evaluation parameters and analysis procedures and
methods are discussed in the following sections.

8
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3.7.3.1 Selected Evaluation Parameters

The structural performance of the IAMS-FCS was evaluated for flight
through random atmospheric turbulence. Fatigue damage rates, expected peak
stresses, RMS stresses, and RMS accelerations were calculated at selected

aircraft stations. Acceleration power spectra were computed for the crew

compartment.

The structural performance parameters were used as performance
indices in the design of the IAMS Flight Control System. Available per-
formance gains were subject to handling qualities, flutter, control author-
ity, and other restraints. The same parameters, plus RMB loads at many
additional aircraft stations, were used to evaluate and compare the perfor-
mance of the final LAM Flight Control System design with the Baseline SAS
and basic aircraft.

Tlhe following paragraphs describe the selected stress stations, the
atmospheric turbulence description and the relationships of turbulence, the
B-52 mathematical model, and predicted structural performance.

3.7.3.2 Stresses for Performance Index

Bending stresses at six points in the B-52 structure shown in
Figure 22 were selected as the basis of fatigue damage rate performance
index calculations. The stress locations were chosen to be representative
of the most sensitive areas of the wing, body, and empennage during flight
through turbulence. Other important contributions to B-52 accumulated fati-
gue damage such as takeoff, landing, and aerial refueling were not considered.

The selected stiffeners, longerons, and spar caps are each in ten-
sion during steady, level flight. Stiffener 5 at Wing Station 516 accumu-
lates damage at about the same rate as the other critical areas of the in-
board part of the Wing. Stiffener 3 at Wing Station 899 is typical of the
susceptable parts of the mid-wing. The cyclic nature of main spar cap
stresses at Fin Station 135 and Stabilizer Buttock Line 32 is typical of
that for the upper longeron in the aft fuselage.

3-7-3.3 Atmospheric Turbulence Model

The atmospheric turbulence model used for the LAMS B-52 structureal
performance studies assumed Gaussian random, stationary, isotropic turbu-
lence with the Dryden power spectral density for vertical and lateral com-
ponents. The equation for this turbulence model is as follais:

() =2a;L [1 + 3 (2.rrfL)] FtSc 2

V - '2wfL,2-2 CPS
i+i , V
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Both of and ol can be calculated from the gust power spectral den-

sity and the stress frequency response function to gusts. The frequency re-
sponse functions for this analysis were calculated numerically from the B-52
mathematical model.

The exceedance function was computed at:

m(f r m(f a =CONST. x f ) d•o g

A
where f(Og) is the probability density distribution of the appropriate PJ.S
turbulence component and where Rice's exceedance is

2
[Mffo) exp I . IM 2iT] I -_ _ -12_ICONT. L2 (/flag)' 0

The adaptation of stress exceedance data to fatigue damage calcu-
lations requires further assumptions. The linear cumulative theory of

* fatigue states that:

Damage ni
N (fi' fmean)

where f, = alternating stress amplitude

fmean = steady level flight stress

N(fi, fmean) = experimental number of alternating cycles at the
"1! ith stress level before fatigue cracks appear

ni = number of cylces of applied stress at the ith
stress level

Fatigue cracks will theoretically appear when Damage - 1.0.

For random stress variations, an equivalent ni is defined for the

stress level (fi 4 " ) < f : (fi + -) as:

n.= [M (f i- ) M (f + 2f-]x (flight time)

The final equation for fatigue damage accumulation rate in terms of the
exceedance function is then:
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I * #(f) = power spectral density for vertical or

lateral turbulence component

ag = RP' gust component -velocity

V = airplane speed

L = "Scale of Turbulence", 1000 ft was used

f = frequency in cps

The antisymuetrical component of vertical turbulence was represented
by a rolling gust acting on the wing as in NACS Report 1321, Reference 1.
The power spectral density of the rolling gust was given by:

=W - , 2 2. - ;) (Had/Sec )2

ROLL -V + Tf3 CPS

where b is the wing span and the other parameters are the same as for the
vertical gust spectrum. The assumed probability density distribution of
RMS gust velocity, ag is defined by:

S2 2 2
f (ag exp -- exp -S-

2 ,2b2
2

The turbulence parameters used for the B-52 study were:

Altitude P1  P2  b, b2

Counter Low level .80 .20 3.6 4.2

Cruise (30-o40,000 Ft) .13 .01 1.8 4.8

3.7.3.4 Stress Exceedances and Fatigue Damage

In the random turbulence environment, stresses are described statis-
tically. A useful description is the stress exceedance function M(fj) which
is the number of times (per 'unit time) the random stress f will rise above

the level f = fl + fmean. For Gaussian random stresses, only two parameters
are required to calculate M(f). These are of/cg (RMS variation of stress,

from its mean value for unit RMS gusts) and aj/ 'g (RMS variation of
for unit RME gusts).

!8
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(f -f )
- tilt mean d M(ff dff

Flight Time JU
S~This equation was evaluated numerically for the IAMB B-52 analysis.

3.7.4 Performance Sensitivity Analysis

The IAMB-FCS performance sensitivity analysis consisted of three
segments; performance definition or initial handling qualities studies,
sensitivity analysis, and failure analysis. The total analysis was con-
ducted with the analog computer mathematical model simulation described
in Section 3.2.4. The longitudinal and lateral-directional axes systems
were studied independently at the three IAMB flight conditions.

3.7.4.1 Performance Definition Study

The performance definition study was an initial evaluation of the
LAMS-FCS handling qualities. Aircraft transient responses were recorded for
discrete gust inputs and step and sinusoidal pilot commands. Parametric RMS
and exceedance count data were obtained for actuator hysteresis variations
and RMS random gust variations. The random turbulence data was furnished to
Honeywell by Boeing, on magnetic tapes. The data included Kussner lift
growth effects and transport delays.

3.7.4.2 Sensitivity Analysis

The sensitivity analysis utilized one basic forcing function: a
4 ft/sec random gust. Variaticns were made in modal coefficients, mode
natural frequencies, and IAMB-FCS filter time constants to determine the
sensitivity of RMS stresses, IRM accelerations and exceedance data at
selected aircraft locations to the variations.

3.7.4.3 Failure Analysis

The failure analysis consisted of two segments: open failures and
hardover failures of actuators and sensors. The open failure analysis was
conducted with a 4 ft/sec random gust disturbance; no external disturbances
were included in the hardover failure analysis. Open failures were evalu-
ated by observing effects on the RMS stresses and RMS pilot station
attitudes and stability from time history data.

3.8 LAMS Longitudinal FCS Design Modification

Initial flight test data indicated that the IANS Longitudinal FCS
was not functioning properly since the stability margins for the first and
sixth structural modes were considerably lower than predicted. The B-52
mathematical model was upgraded to Include: spoiler lift growth functions;[ and modified free vibration mode damping values to that equivalent to the
aircraft as obtained from ground vibration testing.
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Stability data was recalculated using the revised math model for

the free aircraft and the nominal gains IAMS-FCS configuration. Predicted
first and sixth structural mode damping values were similar to the experi-
mental data. The IAMS-FCS design was then modified to obtain the required
predicted stability margins and new data was calculated to assure that the
structural performance was not degraded. Deslgr. modifications were re-
stricted to the spoiler loop rate and displacement gains.

6
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4.o SYSTEM PERFORMANCE

4.1 Introduction

Section 4.0 contains the theoretically evaluated performance of the

Baseline SAS and the LIMS-FCS. Predicted safety analysis data is given in

Section 4.2, handling qualities data in Section 4.3, structural performance
data in Section 4.4, analog computer sensitivity studies in Section 4.5, and
the revrised LAMe-FoeS pre.licted stability data in Section 4.6.

4.2 Safety Analysis

4.2.1 Results of Stability Analysis

The objective of the stability analysis was to insure that the
Baseline SAS and the L.AMS-FCS meet the stability requirements of at least
10 db gain margin and 60 degree phase margin.

4.2.1.1 Baseline SAS

The Baseline SAS provides augmentation to the longitudinal, lateral,
and directional axes. The Baseline longitudinal SAS increases short period
damping, the Baseline yaw SAS increases Dutch roll damping, and the Baseline
roll SAS improves aircraft roll response for fly-by-wire pilot commands.
The Baseline SAS meets all stability and handling quality requirements.

4.2.1.1.1 Longitudinal Axis (Symmetric)

The Baseline longitudinal SAS is gain stabilized with all gain
margins greater than 20 db. These stability margins exceed the specified
minimum requirement of 10 db gain margin and ± 60 degree phase margin.
Mdinimum gain margins at worst phase conditions are 6 db for the short
period mode and greater than 20 db for the structural modes.

Figure 23 shows gain and phase root loci for the short period
mode and Figure 24 shows root loci for the sixth structural mode that is
most strongly coupled with the Baseline pitch SAS. Other structural modes
are not shown since they show little movement. The root loci shown per-
tain to Flight Condition 1 but are typical of all three flight conditions.

Figure 25 shows the effects of the Baseline SAS on aircraft
transient response to a control column step input for Flight Condition 1.
This curve shows the elevator deflection due to SAS feedback and the
resulting increased damping of the short period oscillation. The pitch
rate and normal acceleration responses shown are at Body Station 820.

Figure 26 shows the frequency responses and Table VI the
eigenvalues of the Baseline pitch SAS for the three flight conditions
analyzed.
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TABLE VI

BASELINE SAS LOII3TUDINAL EIGEMAUAL.US

Moe Root Locations j n jRoot Locations
c fn f n

FlIGsf COHDITIOU 1

sP -1.08 ± j 2.28 .428 2.52 -2.16 ± j 2.08 .Td 3.0- .401 .4•77
1 - .98 ±3 6.65 .i6 6.71 - .98 ±6.61 .146 6.7

1.07 1.07

F FLIGHT CONDITION 2

s? - .76 ± 1 -.65 .415 1.83 - 1.53 -+ 1.43 .73 2.1
.291 .34

1 -. 8 2j 6 .0 .135 6.0 - .83 j 6.05 .136 6.1
962 .97

FLIG! CRDITION 3

-p - .74 ± 1 2.06 .338 2.19 - 1.• 1± J 1.83 .71 2.6
.348 .4

S -. 7o ± j 6.62 .105 6.65 - .70 - 1 6.65 .105 6.7
1.o6 1.07
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4.2.1.1. 2 Lateral Axis (Antisymmetric)

Yaw SAS and roll SAS gain and phase margins at the three flight
conditions exceed minimum requirements of 10 db and ± 60 degrees. Specific
stability margins for the various modes are tabulated in Tables VII
and VIII. The Dutch roll mode has a minimum gain margin of 14 db and a
minimum phase margin of 70 degrees. These margins occur at Flight Condition
1. Each of the first 11 antisymmetrical structural modes has at least a
30 db gain margin and 180 degree phase margin. At the worst phase condition
each structural mode has at least a 12 db gain margin.

Figures 27 and 28 show gain and phase root loci for the Dutch I
roll and first structural modes, respectively. Other modes are not shown
since their coupling with the Baseline yaw SAS is insignificant. Root loci
shown for Flight Condition 1 are typical of all three flight conditions.

Figure 29 contains the Flight Condition 1 gain and phase root
loci of the roll mode for the roll SAS with nominal yaw SAS. Movement of
structural modes is insigrdficant.

Rudder, yaw rate, and side acceleration responses to a step dis-
placement of the rudder pedals are shown in Figure 30 . Increased damping
of the Dutch roll mode and the corresponding rudder activity are the signi-
ficant SAS effects shown by these curves.

Figure 31 shows the effects of the Baseline SAS on aileron
deflection, roll rate, and bank angle responses to a step rotation of the

2 evaluaV.n pilot's wheel. Significant aileron activity is required to
attain only small improvements in roll rate rise time and bank angle.
This results from the fact that the spoilers, which overshadow the ailerons
in roll authority, are not included in the Baseline SAS loop.

Figures 32 and 33 show Baseline Yaw and Roll SAS frequency
responses for Flights Conditions 1, 2, and 3. The Yaw SAS contains both
washout and rolloff filters and the rol1 SAS contains a rolloff term and
a 1.9 cps notch filter in the forward loop. The notch filter reduces
the pilot's wheel conmand gain at the second antisymmetric (wing bending)
mode frequency. The eigenvalues for the lateral axes are shown in Table

IX.

S4.2.1.2 LAMS Flight Control System

The LAMS-FCS provides augmentation to the longitudinal, lateral,
and directional axes. The system was designed to increase the damping for
rigid body motion as well as alleviate aircraft structural loads. The
LAMS-FCS meets the stability requirement with one exception. The spoiler
loop at Flight Condition 3 for the longitudinal axis exhibits a 52 degree
phase margin at 7.7 radians per second, as noted in Figure 34 and Table '.



TABLE VII
BASELINE

YAW SAS STABILITY MARGINS

MINIMUM GAI14
GAIN MARGIN PHASE MARGIN MARGIN AT WCRST

FLIGHT MODE (_0 db (±6O PHASE CONDITION
CONDITION REQUIM) REQUIBED) (STIRCTXTRAL

MODES oNLY)

1 Dutch Roll i4 db

I 1st Struct. > 30 db ±180o 12 db

1 Struct. 2-11 > 30 db ±1806 > 18 db

2 Dutch Roll 16 db

Ist Struct. > 30 db -180 12 d-

2 Struct. 2-U > 30 db ±180 > 18 db

3 Dutch-Roll 16 db

3 ist Struct. > 30 db -18& 12 db

3 Struct. 2-11 > 30 db ±180 > 18 db

i I2
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TABIE VIII

BASELI•E

ROLL SAS STABILITY MARGINS

MI3IMiU/, GAIA
SANTS GAIIN MARGIN PHASE fMRGIN MARGI• I AT WORST
FITGHTr MOEE (10 db (-+0 PHASE CONDITION

COMDIION REQUIRED) REQUIRED) (STRUCfURAL

I________ _____________ ______________________ MODES orrny)

1 Roll 31 db -1800

1 Struct. 1-11 > 45 db ±1800 > 36 db

Roll 36 db --180

Struct. 1-1! > 45 db +180 > 36 db

3 Roll 33db -180

3 Struct. 1-11 > 45 db >'80 >36 db

.7
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TABLE IX

BASELIE LATERP.L-DIRECTIONAL EIGENVALUES

FREE AIRPLANE DATA ALUGMEPITiED AIRPLAUF DATA

Mode Root Locations wn Root Locations r •n

FLIGHTP CONDITION 1

DR, -.072 ± i 1.37 -053 1.7 - 1.8±J1-8 4.218 8 .287
8.33 - .88.2-.63±3833 .076 1.33 - ± 8.2 .098 1.30

FLIGHT CONDITION 2
'DR -.o44 ± j !.o8 .041" 1.o8 - .52 ± j 1.08 .43 i.2-.172 - .08

- .54067.82 .09 7.82 7.7
" .541.24 - .70 ± J 7.7 .091

FLIGHT CONDITION 3

1.24 -1.4D, -. 048 ± j 1.24 .039 .197 - .66 ± 3 1.24 .47 .2-3
8.13 o

-47 ± j 3-.18 .057 1.30 - .66 ± j 8.o .082 1.27

1 i

I
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TABLE X

LAMS-FCS

SPOILER LOOP MARGINS - LONITUDIFIAL AXIS

FLIGHT CONDITION 3

CRITICAL GAIN MARGIN PHASE MARGIN: GAl.! .A.GI:
FREQUENCY AT NOMINAL AT NOMINAL AT WCiST II(iDSE)PHASE (DB) GAIN. (DEG) PHAS -: (DB)

4.5 173

6.7 Unstable 7.0

7.7 52

11.7 lo.6

14.3 3-.

17.9 0.0

31.4 15.8

39.4 25-5

42.2 22-5

42.8 22.3

51.6 36.1

S64.o 20.8

65.7 20.3

85.0 32.5

0 32.596.8 _.

12i .5 35-.

83



4.2.1.2.1 Longitudinal Axis (Symmetric)

The stability analysis results for the spoiler loops are not for
the final spoiler configuration. The equations used included LAMS spoilers
but did not include the spoiler loop gain changes to provide proper surface
to structural mode phasing as discussed in Section 3.8. Thi: improper
phasing was the result of an incomplete math model with respect to spoiler
aerodynamics. The revised math model and final system configuration had
adequate predicted eigenvalue *-J.ýctior s presented in Section 4.6 and would
yield similar results to that presented in Tables through X, .

i

Figures 35 through 37 are the Bode plots for Flight Condition 1.
The plots are typical of Flight Conditions 2 and 3 except for the spoiler
loop of FC-3 noted above, and are presented in Appendix B. The minim•u
gain margin is 10 db at 61.6 radians per second for Flight Condition 1
aileron loop. The longitudinal axis FCS has at least 10 db gain margin
at worst phase for all modes above 69 radians per second.

Eigenvalue comparisons of the free aircraft and LAlS-FCS configu-
rations are presented in Tables XIV through XIT mad show frequency and
damping for each of the analysis roots.

4.2.1.2.2 Lateral Axis (Antisymmetric)

The stability analyses conducted indicated that thn lateral axis
met the minim.um flight control system design criteria. Typical results
are presented in Tables XVII and XVIII, and Figures 38 and 39 for Flight
Condition 1. The results for Flight Conditions 2 and 3 are presented in
Appendix B.

The data shows that the minimum phase margin at nominal gain is 86

degrees for the rudder loop of FC-2 and 3, and the minimnu gain margin at
nominal phase is 17.7 db for the aileron loop of FC-I. Also, the system
has greater than 10 db gain margin .h worst phase for frequencies above 28
radians per second, and all structural modes are gain stabilized.

Eigenvalue comparisons of the free aircraft and LAMS-FCS configu-
rations are presented in Tables XIX through XXI and show frequency and
damping for each of the analysis roots.

8,I
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TABLE XI

EIZ-VATCF. LOOP MAGINS - LOMITIUDINAL AXIS'

FLIGHT CONDITION

C,'RITICAL CAlf; MAI1GIN PHASE MARG,0IN GAI,ý- he 1.,0M)
FREQUENCY AT X(14IAL AlT OMG4INAL AT WORST2

(,RAD/Sr.C) Piip.Si, (D.:) GAIN! (DEG) PHAS-Z (D:-)

1.8 110

7(.6 1.

11.8 17.6

12.6 18.3

14 .4 15.5

18.9 1.

19.2 19.0

20.3 25.0

21.0 20.0

21.7 17.7

L-9.4 3.

37.5

43.3 2.

34.5 2e~.7

113.14 30.3
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TABLE Xii

AILERON LOOP MARGI!M - LOINITUDINA.L AXIS

FLIGHT CONDITION 1

CRITICAL GAIN MARGIN PHASE MARGIN* GAIN MARGIN
FTEQUENCY AT NCMINAL AT NOMINAL AT WORST
(PAD/SEC) PHASE (DB) GAIN ('IG) PHASE (DB)1

11.8 14.3

1.2.6 16.2

18.8 14.7

21.4 10.9

22.3 13.8

31.2 41.2

36.2 28.4

40.3 22.0

59.4 6.1

61.6 10.0

86.3 18.4

U7.O 40.o

*System is Gain Stabi'izied

8
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I ~TAKlE XIIT
LAMS-FCS

SP0Illa& LOOP MARG114S - L0?EITUDIVJAL AXIS

FLIGHT CONDITIONI 1

I CITICAL GAIN MARGIN PIJ.S E 4AIRGfTl:.* Gfi A I ARG T."I FREQ~ulalyy AT MNCI4IL AT HOPUINL I AT MISTI (RAD/S.SC) PnHsiE (DB) GAITW (DEG) P1IASO (M3)

3.5 1-51

6.3 Unstabic t-.

11.6 9.8

i7.6I -1.6 5.3
30.2 134.8

35-7 -0.0

1 39.8

59.7 i.

60.1

91.6

109.1 341.71:- 19.-5 37.1

[1 89
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TABLE XIV
LAMS-FCS LONGITUDINAL EIGENVALUES

FLIGHT ONDITION 1

FREE AIRPIAflE DATA A 1MEN'TED AIRPlANE DATA

Mode Root Locations wn Root Locations J ,fSfn•

sP -1.08 4 2.28 .428 . -1.57 ± j 2.29--. O - +.4426.71 7.70
1 - .98 ±j 6.65 .146 1.07 - .84±J7.65 7.70

2 - .67 + J12.00 .056 12:91 - .6 ± J12.08 .051 12.98- 1:91 - 6 +j2O O 1 i92

-i.6 _.12.7o
3 - .44 J12.68 .035 2.02 - .44 ± j12.70 .035 2.02

4 - .6D ± j14.65 .041 14.65 - .48 ± J14.72 14.723 •v
2.34 - .033 2.35

5 -1.28 ± j14.88 .086 '4.8 -1.24 ± J15.03 .082 15.03
2.37 2.4o

6 -1.59 ± j16.71 .095 16.71 -1.18 ± J19.18 6 19.422.66 3.1o

7 - .74 ± J19.64 .038 19.64 - .71 ± A19.41 .037 19.41
3.13 3.09

8 -1.82 ± j21.49 .085 21.49 -1.36 ± 321.73 .063 21-73
3.42 3.46

9 2.42 ± J33.56 .072 -3.56 -2.48 ± j33.37 .o74 33.375.35 5.32
10 -1.6-- ± J36.36 .04r 36.36 -1.58 ± -36.36 .043 36.36

5.79 5.79
11I -3.14 0 337.62 .030 37.62 -1.14 ± r376 37.63-11 .... 1. 03 ,030

5.98 5.93
2 -2.21 ± 339.83 .055 39.83 -2.23 ± J39.90 .056 39.90!2 6.03 6.0513 -7.98 ± 345.72 .172 46.40 -7.76 ± 445.64 6 46.30

7.38 7.36
-1.80 ± j57.05 3L 57.05 -1.79 ± j57.09 .031 57.099.08 9.0?

15 -2.05 ± J59.35 .033595 -. 9 ± Z60.21 .025 60.21
9.44 -1..2 9.58

16 -4.9, ± J61.59 .080 61.59 -5,05 ± J61. 4 .8-P 61.84
9.81 9.84

17 -4.0o ± j64.71 .062 64.71 -4.18 ± J64,.22 .o65 64.22
10.30 10.21

18 -h.38 ± 83.56 .052 83.56 -4-.05 ± j .o48 83.65
13.30 13-32

19 -5.42 ± j88,16 .061 88.16 -6.18 ± j88.0o .070 88.1o
14.02 14xi

20 -8.72 ± j94.16 .093 94.16 -7.96 ± J94-37 .084 94-37
15.00 14.91

21 -4.57 ± j94.86 .048 94.86 -4.77 ± j94.70 .050 94.70
15.13 15.08

22 -4.13 ± J113.38 .036 113.38 -3.95 ± 3113.35 .035 113.35
18.05 1-.o05



S~TABUE XV
LAMS-FCS LONGITUDINAL EIGENVALUES

FLIGIF CONDITION 2

[,F R EE AIRPLANE DATA A EUGMTED AIRPLANE DATA

Root locations { Root Locations 'un,, f, I fn

SP - .76 ± j 1.65 .415 1.83 -1.48 ± j 1.79 .637 2.32
.291 .365

1 - .82 ± 6.00 .135 6.05 - .68 ± A 7.03 .097 7"03
S.962 1.e1

2 - .66 ± .057 11.61 - .61 ± i11.T2 .052 11.72
1.85 1.87

3 - .41 ± i12.& , 12.-64 - .4o ± j12.65 .032 12.65
2.o01 2.3

4 - .89 ± -14.oo .0& 14.oo - .85 ± j00.44 .o59 14.44
2.23 2.30

5 - .56 ± J14.73 .038 14.73 - .56 ± ji.4.6 .038 14.69
2.35 2.34

6 -1.o8 ± j16.46. -2.35 ± A17.14 .136 17.302.62 2.75

7 - .69 ± J19.61 .035 19.61 - .60 ± j319.52 .031 19.523.12 3.11Z

2i-3 .79± J2.4q21.498 -L.30 ± J21.35 .o58 21.35 039 .43.40 3.42

9 -1.91 ± 333.16 .058 33.16 -1.92 ± J33.10 .058 33.105.28 5-.7
10 -1.41 ± J36.27 .039 36.27 -1.44 j36.32 .040 36.32

5.77 5.78

11. -1.13 ± j37.62 .030 37.62 -1.13 ± J37.63 .030 37.635.98 5.98
.5 319.87 -. 5+43 6395912 -1.8o ±t j39-87 6.35 -1.95 J39. .09 39.91

13 -5.48 ± Z44.85 .121 45.20 -5.52 ± J44.75 .122 45.10
7.20 7.18

14 -1-77 ± J57-05 .031 57.05 -1.80 ± 357.05 . 57-05
9.07 9-07

15 -1-95 ± 359.65 .033 59.65 -1.7o ± j60.62 .028 60.62
9.50 9.65

16 -3.46 ± j62.01 .056 62.01 -376 ± 62.06 6.06
9.86 -. 87

17 -3.44 ± I65.73 .052 65.73 -3.45 ± j65.25 .053 10.10.45 i '83.82 84 .c,
18 -3-57 ± j83.82 .0o43 8-3.36 j 84.05 .040

13.34 13.37
19 -4.52 ± J89.11 .051 89.11 -5.15 ± j88-& .058 88.64

14.183 14.1o

20 -4.88 ± j94.03 .052 9.03 -4.5 ±J93.82 .048 94'32

21 -5.88 ± j96.36 .o62 96.36 579 ±ti.6-G 06b 96.6&
15.32 15.38

22 -3.89 ± li3.49 .034 U13.49 -3.70 J113.48 .033 113.48
18.08 13.86
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I
TABLE WIT

LAMS-FCS LONGITUDINAL EICENVALUES

FUGLIG CONDITION 3

Root Locations DT Root Iomations Ci oo Lcanos n

2.19 2.5?11 .5
SP - .74 j 2..6 -338 -1.47 + j2"1"S-.348 An1

.70±j 6.6- .10 . - ý67 ± j1 .86 .085 7.86
S 11.92 1.25

2 -57 ± Jll.92 .048 1.90 - .53 ± j12.64 .084 1.04
12.66 - 1.0 ± j12.68 032 2.60

3 - .4o ± j12.66 .032 2.01 - 2.02
1 .48 15.0

'4 - .79 ± j14.48 .055 2.30 88 ± A5.00 .059 2.38

- .61 ± J15.26 .4 15.26 15.14
5 -1.613 ± J17.26 .065 2.43 - .52 -± j15.1 4  .0314 2.41

17.47 19.r- J
6 -1.13 ± J17.*7 .065 -2.91 ± -19.49 .147 3.1)4
7 -171 .036619.69 - .65 ± j19.54 .033 193.13 2.178 -1.37 ± J24.30 056 24.30 - .86 ± j24.17 .036 24.

3.8 3.849 -1.96 ± j35.7)3 .055 35 -43

9 -1. + J35.O' .055) 5.67 5.64

i0 -1-31 ± J37.48 .035 37.48 37.465.96 -1.29 ± j3 7 .h6 .034 5.96

ii -1.16 ± J37.70 .031 37:70 -1.16 ± j37.71 .031 37-716 06.oo 60

12 -2.00 ± j.4257 .047 46 .048 42.66
6.78 0 6.8o

13 -4.65 ± J47-55 .098 47-55 -4.58 ± j47.46 .097 47.46
7.57 7-55

14 -1.79 ± .j58 .08  .031 '03 -1.81 t0 j58.o9 .o31 9.2•
,3.24 -9.24

15 -3.84 ± j63.29 .011 63.29 -3.50 ± j63.69 .055 630.6
-2-6 ±j&,6o 4.60 65.37

16 -2.660 j6.6o .o41 10.30 2.62 ± j65.37 .040 lO65.374o

17 -2.64 ± j68.62 .039 68.6 -2.59 ± j67. 9 6 .038 67.96
10.9210.80

18 -4.29 ± j86.90 4 .9 -4.19 ± J8 7.o0 .048 37.o3
13.82 13.83

19 -396 ± j913 .36 j90.97 .048 9097
9914 . 1 -3 124. .149

20 -6.07 ±" j96.78 .063 96 . - J6 .061 9.74
lO5.8o15•.4c

21 -4.10 ± j105.80 .039 105.80 -431 J105.66 al 16.80

1.6.82 -31±j0. 6  .11 105.6622 -3.77 ± J117.46 .oQ 117.46 117.:7
18.70 -3.68 + J -17.7 .031 18.70
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TABLE XVII

LAMS-FCS
RUDDER LOOP MARGINS - IATERAL-Dfl-ECTIOIAL AXIS

FLIGHT CONDITION 1

CCRITICAL GAIN MARGIN PHASE MARGIN GAIN VA::G "h
FREQUENCY AT NOM11AL AT NOMINAL AT WCRST
(RAD/SEC) PHASE (DB) GAIN (DEG) PmxsE (DE)

1.7 93

9 . 1 2J .0

12.1 20.6

13.1 '21.3

i4.8 19.9

17.2 17.1

26.2 .

,2'7.9 33.9

39.7 28.5

4o.9 27. 1

58.6 a.3

81.0..

8i.6 16.0

I

t

I

1 94
I!
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OPEN LOOP FREUENCY RESPOSE (GAIN)
• *20 .. . LAMdS-F¢S RUDDE)R LOOP OPEN

FIGHT CONDITION NO. I
LATERAL-DiRECTIONAL, AXSI .I

0 I

GAIN-20

-40! -•

i\t

1 2 5 go -10 so 100 200 50 1O010

w-- (RAD/SEr.

R, l
JI j

-+11000L LAMS-FCS MJODER LOOP OPEN
FLIGHT CONDITION NO. I

I LATERAL-URECTIONAL #=
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TABLE XVIII

LAMS-FCS

AIUM'£OU LOOP !4ARGINS - IATE-AL-DIRECTIONML AXIS

FLIGIR CONDITION 1

CRITICAL GAIN MARGIN P-.-AS- !,MARGIfx" GAMl .UNGUII
FREQ•-NICY AT NOMINPL AT NIC4INAL AT 7;ORST
(RAD/SEC) PHASE~ (DB) GAITN (DEG) PHASiý ( DB)

6.3 21.3

S8.5 25.0

12.0 8.2

16.0 17.7

20.5 11.1

25.4 9.3

32.6 18.2

38.9 45.5

41.1 18.8

41]-.9 18.3

14.9
%i ~56.1 •.

ST2.8 •17.7

*System is Gain Stabilized
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TABLE XIX
. IAr15-FCS LATIERAL-DIRECTIOINL EIGENVALUES

FLIGI•T CONDITION 1

FREE AIRPIANE DATA AUGMEINTED AIRPIANE DATA

Mode Root Loations "n Root Locations Wn
fn fn

DR -- 072 ± j 1-37 .053 1.37 - .38 ± j 1.40 1.45

.218 .231

1 - .63 ± J 8.33 .o76 8.33 - .69 ± j 8.34 .083
1.33 1.33

2 - .71 ± J11.88 .060 11.88 - .84 ± j12.27 .069 12.27
1.89 1.95

3 - .41 ± j12.84 .032 12.84 - .44 ± j12.30 .034 12.80
2.o4 2.4

4 -1.73 ±- j12.85 .133 13.00 -1. j12.64 .129 1i'75
2.07

5 - .85 ± j16.4i .052 16.41 - .84 ± j1 6 . 4 3 .051 16.432.61 6.2
6 -2.10 - j16.76 .124 16.90 -1.88 J 16-h3 .114 16.55

2.69 2.64

7 -1.63 ± j19.74 .083 19.74 -1.35 ± j19.44 .070 19.4PL
3.14 3.10

3 -1.41 ± j21.05 .070 21.05 -1.69 ± j21.37 .079 21.-7
3.35 -

-1.05 ± j25.33 .O4i 25.33 -1.22 ± j25.66 .3 -P5.66
4.02 4.08

10 -2.78 ± j31.26 .089 31.26 -2.79 ± j31.36 .0z6 3t.36
4.984 y

11 -1.14 ± j36.76 .031 36.76 -1.14 ± .j36.77 .231 36.77
5.85 5-35

12 -1.19 ± J37-30 .032 37.30 - ± .J37.29 .032 37.-.!
5-93 5 .. ,z

-6.45 ± j38.26 .168 38.40 -6.51 ± j38.13 .16o 33.60
6.1 0.h6.

14 -1.57 ± j39.32 .040 39.32 -1.64 ± J39.36 .042 39.-6
6.25 6...

15 -1.85 ± j43.21 .043 43.21 -1.82 ± j43.01 .042 43.01
6.87 6.84

16 -3.33 ± j 49.07 .068 49.07 -2.97 ± j49.36 .060 49.36
7.80 7.35

17 -4.05 ± j57.77 .070 57.77 -4.49 ± j56.84 .O09 56.jL
9.20 9-o1

18 -4.77 ± zj64.12 .074 a 12 _.6 ±- j64.34 .0'71
10:20 !C.:

19 -4.40 ± j67.82 .065 67.82 -4.49 ± j67.71 .0ý 67.71
10.80 10.734,

20 -3.05 ± J72.25 .042 72.25 -3-.44 ± j71.77 .OL3 71-77
11.50 "' '?

-1 -3.30 ± j8I.c4 .041 81.04 -2.59 ± j81.04 .03
12.90 -.
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TABLE XX j
LA.3-FVS LATERAL-DIRECTIONAL EIGENV¢ALUES

FLIGH CONDITION 2

FREE AIRPLANE DATA A1EM'ED AIRPLANE DATA

Mode Root Locations Wn Root Locations n

DR -. 044 ± j 1.08 .O4 1.08 - .48 ± j 1.O6 .413 1.16
-172 .185
7.82 7.801 - *54 ±J 7.82 1.2o - .56 ± J 7.80 1.207

2 -.0±10-1.19 ± J.o.18 .1o081.832 -1.21 -1J.9.79 .1 1:73 1.73
12.29 12.333 - .62 ±j12.29 5 1.96 - .62 ± J12-33 .05o 1.97

4 - .41 ± j12. 8 5 .032 12.85 - .43 ± 12.862.04 -J.8 -03 2.04

5 -1.42 ± j15.98 .089 15.98 -133 ± J15.77 .084 2.51
2.54 -132±J5.5031 15~

6 - .73 ± j16.64 .044 16.& - .67 ± J16.63 .040 16.63
2.65 2.65

7 -1.22 ± J19.56 . 30 19256 19.,47
3.06 19.61 ± J19.47 .057 3.10

8 -1.o6 ± J21.19 .050 21.19 -1.17 ± J21.30 .055 21.303.38 3-399 - .94 2J25.66 .037 25.46 25.619 - .. o5 -1.o2jj25037 1.05 3.87
10 -2.041 J30.85 .06 30.85 -2.07 ± J30.86 o67 30.86

O3.91 7 491
-4.66 :t j36.4i .127 36.70 -.469 ± J36.26 .128 36.60

5-84 5-83

12 -1.13 ± J36.77 .031 36.77 -1.14 ± J36.78 .031 365.85-85 5-85
37.30 -. 6±379 .o1 37.29

13 -1.16 ± J37.30 .031 5.94 -1.16 ± J37529 031 5972

39125 -.. 1J 23 O6 39323
14 -1.45 ±0J39.25 -037 6.24 -1.43 ± J39.23 .36 3.23113.15 6.8-7
15 -1.66 ± J43.15 .038 6.87 -1.62 ± J43.17 .037 43.17

16 -2.57 ± J49.07 .052 49.07 -2.51 ± J49.25 .051 49.25
7.81 7.84

17 -3±18 t j57-4 .055 57-74 -3.26 ± j57.28 -057 57.28
9.14 9.12

18 -3.70 ± j65.31 .057 651.31 -365 ± J65-31 .056 65.3910.40 io.4o

19 -3-57 ± J67.95 .052 60:95 -3.59± J67.88 :053 67.88
20- .7 72 3 038 72:30 _2.80 ±jTlI.99 .039 71.94

U1.50 11.47
81.21 81.3021 -3.00 J81.21 .037 -2.69 ± j 8 1.30 .033
1292 1293
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TABLE XXI
SLAoMS-FCS LATERAL-DIRECTIONAL EIGENVALUES

i ~FLIGH CONDITTON 3

FRE rALJ,.PjE DATA AUGMITED AIRPWIAE DATA

Mode !'Root Locations- " n Root Locations r I n

DR. -. 048 ± j 1.24 .039 1.24 - .41 ± j 1.26 .309 1.33

.lOc7 12-
1 - .47 ± j 8.18 .057 8.18 -97 I

.8 051.57 13 - .51 ± i 819 .61. 30 1_.30

.- .85 ± J11.55 o74 11.55 - .9 ± i11.6o .o85 11.6o1.84 1.85

I - .75 ± A2.53 12:53 2.53 - . ± 0-52 .45 12-5-.75~~ ~~ - -23 .oO .00_.,'"

4 - .45 ± J12.91 .035 12.91 -. 53 ± j12.95 .o41 12-95

2.o6 :2.o6
5 - .76 ± ju6.48 .046 16.48 .78 ± ý16.42 o4- -.62

6 -1.56 ± j17.86 o07 17.86 -1.38 ± j17.77 .078 17-77
2.84

7 -1.25 ± j19.86 .063 19.86 -1.28 ± ji9.78 .365 2.
3.16 J3-"5

8 - .90 ± j22.91 - 039 22.91 - .84 ± 22.94 .037
- 22• . 39 & 3.37 3.65

) - .98 ± j27.09 .036 .09 -6l' ± J27.47 .0404.32 4-37
10 -2.04 ± 31.90 .06o 31.90 -2.05 ±- 31.96 .06+ 3t.:6

5-07 5.o0
ii -1.13 ± j36.87 .031 36.87 -1.14 ± -•36.86 .031 36.365-87 5-87

12 -1.16 ± j37.38 .031 3 .7.335.95 5.915

13 -4.02 -± ;38.77 .103 62.70 -4.08 ± j38.77 .5.35 •-4.3

.- 3.35 ± j41.42 .O 41.42 -3.78 ± j46.33 .055 46.3
06.59 .-W

15 -2.04 -± 72.20 .044 45"70 45238

7.95 7.23
i6 -2.74 ± J51.78 .053 51.78 -2.60 ± j52.17 .050 5,- -17

1 3249 S.~ 1c812 .

17 -3.66 ± j65.23 .056 85.13 - ± j5.5 .05 5.
10038 10.36

18 -3.93 ± +J67.14 .O58 l.67.41.6 3-.72 ± +J67.33 -05 6 7.!o7_

19 -2.34 ± 472.2:- .0329 72.29 -. 2±718 .4 71-52!
•11 .50 -3i2.4j•-8

_,t9 A.5 Oz 80.95 -3.0o ± i81.21 .03. "1
iO -29 +j0.5 -07 12.9o 1,.

S1 -3.66 + j85.13 .o4•ý3 5.13 -3ý.46 -- 3j5.51 .040 8.5
S13.5.5 13.6o
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4.2.2 Flutter Analyses Results

The objective of the flutter analyses was to insure that the air-
craft with hydraulically powered controls, Baseline SAS, and LAMS-FCS have
an adequate flutter boundary for the intended LAMS test vehicle useage.

4.2.2.1 Basic Aircraft znd Baseline SAS

The results of these analyses show a wing-body mode at approximately
3.2 Hz in the antisyimnetric axis to be the most critical with respect to
flutter. However, this mode clears the aircraft design envelope with the
equivalent aircraft structural damping included. Based on the results of
these analyses, the basic aircraft with hydraulically powered controls and
Baseline SAS does have an adequate flutter boundary for all altitudes, gross
weights and airspeeds up to and including the maximum airspeed for straight
and level flight (400 KEAS and Mach .90).

4.2.2.2 LAMS-FCS

As discussed in Section 3.7.1.2, two aircraft gross weights (350
and 270 KIPS) were aiialyzed for flight condition one, and two gross weights
(270 and 241 KIPS) were analyzed for flight condition three. The results
of these analyses are as follows:

"* Flight Condition 1 analyses indicate that the aircraft with the LAMS-FCS
included has an adequate flutter boundary up to and including the air-
plane design speed (400 KEAS) at 10,000 feet or below for aircraft gross
weights from 350 to 270 KIPS.

"* Flight Condition 3 analyses indicate that the aircraft with the LAMS-FCS
included has an adequate flutter boundary up to and including the maximum
straight and level Mach .90 at 32,700 feet for gross weights between 270
to 241 KIPS.

The parametric studies accomplished during this program (with
respect to the longitudinal, lateral, and directional control system
stiffness, aileron and rudder actuator dynamics, and the non-linear
aileron hinge moment) showed no significant effect to the flutter
boundaries noted above. The analyses conducted for the 270 KIP con-
figuration rith the revised LAMS spoiler configuration using only
panels 1, 2, 13, and 14 indicated no significant change in flutter
boundary. Tfherefore, the LAMS-FCS is considered to be flutter cleared
for the configurations noted above.

4.3 Predicted LAMS Handling Qualities

4.3.1 Aircraft Response Predictions

The predicted Dutch roll handling qualities for the Baseline SAS
and the LAMS flight control system are shown on the criterion plot,
Figure 9. These values are those obtained from a 24 degree-of-freedom
model. The predicted dynamic characteristics of both systems are within
the design requirement and represent a significant improvement over the
basic aircraft.
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Short period characteristics are indicated on the criterion p]nt,
Figure 8 . The Baseline SAS is essentially equivalenit to the basic air-
craft. The LAMS-FCS m•arginally degrades the short period handling qualities.SAlthough at Flight Condition 3 the LAMS-FCS is not within the desired oper-
ating region, it is still within the acceptable ar-a.. In all instances,
the short period damping ratio exceeds the minimum s-pecified value of 0.40.

Predicted values for the roll time constant are listed in the
table below:

ROLL TIME CONSTANT - SEC.

FLIGHT BASIC BASELINE IAMB FLIGHT
CONDITION AIRPLhAE SAS CONTROL SYS-M

1 1.05 1.07 1.16

2 1.05 1.05 1.70

3 1.36 1.33 1.50

Predicted spiral mode time to half amplitude for FCC-i and FC-3
were 252 seconds and 506 seconds respectively. Time to double amplitudeIfor FC-2 was 258.5 seconds.

14.3.2 Simulator Predicted Perfor--mnce

With three test subjects per configuration, the flight simulator

was used to investigate effects on Baseline SAS and LAMS-FCS perfoimance
for turbulence intensity ranging frcm light turbulence (rms = 1 ft/sec)
to heavy turbulence (rms = 10 ft/sec). A range of gains were included to
see if the SAW gains would effect the handling qualities appreciably. The
data obtained from the study is presented in graphical form, Figures 40
through 45 and in Appendix C. The ordinate of these graphs is the CooperI•

F rating categorized into three general regions of operation.

0 1-3.5 satisfactory operation
Sacceptable operation

• 3.5-6.5 unsatisfactory operation

* 6.5-8 unacceptable operation

The abscissa depicts the SAS gain in terms of the nominal gain. At the 100
percent gain level the longitudinal, lateral, and directional SAS's are all
operating at their nominal gain setting. There is some scatter in the data
wbich can be attributed to a learning curve effect. For example, during
t..e earlier-runs of each flight condition, the pilot may not havue become
completely accustomed to the simulator or the systems being simulated. A
different run schedulc was utilized for each pilot to minimize this effect.

lit



It should be pointed out that the Dutch roll damping values which
are cor.related to gain levels in paragraphs 4.3.2.1 and 4.3.2.2 are those
obtained from a quasi-elastic analysis and may differ slightly from those
of tha 24 degree.-of-freedom model which is the basis for Figure 9 •

4.3.2.1 Paseline SAS

Referring to the data plots for the FC-1 Baseline SAS in-Figures 40
through 42 and FC-2 and 3, Appendix C, it is noticed that there are very
minor changes in pilot rating with a change in airectional Baseline SAS
gain fur all three flight conditions. This results because the lowest gain
points still give Dutch roll daaling, u,, in excess of the recommended
value of = .35. Note that there is an appreciable change in the rating
due to the increase in turbulence intensity, but the ratings are still in
the acceptable region of the Cooper scale.

A variation of gain for the longitudinal Baseline SAS does not
cause any major change in pilot rating. This too was anticipated since the
B-52 has always had satisfactory characteristics in the longitudinal axis.
The basic aircraft characteristics are such that the frequency lift sensi-
tivity and damping ratio fall within the satisfactory region on the longitu-
dinal criterion plot. Note again the decrease in handling qualities due to
the increase in. turbulence.

Changes in lateral Baseline SAS gains did not improve nor degrade
the a~rcraft handling qualities. This insensitity to change results from
two facts: the basic aircraft roll time constant is not much greater than
one; and, as other investigations have shown, decreasing the roll time con-
staxit to values less than one does not improve the handling qualities.

S4.3.2.2 LAMS-FCS

Plotted data for FC-I in Figures 143 through 45 and for FC-2 and
_ in Appendix C, represents the handling qualities evaluation of gain
variations for the LAMS-FCS. For Flight Condition 21, the directional
axis ratings are bettei at the nominal gain setting than for the unaug-
mented aircraft (iLe., gains equal to zero). The Dutch roll damping
values for thp low gain, nominal gain and high gain points are C = .265,
.325,-and .467 respectively. Note that only the low gain point is appre-
ciably less than the recommended values of rw = .35.

The data for Flight Condition 2 shows essentially no change in
pilot rating for the gain variation selected. However, for this case the
values of Cw for the low, nominal, and high gain points are .33, .;, and
.49 respectively.

The ratings for Flight Condition 3 show some variation with gain,

but not appreciable. Again, this can be compared to the damping values of

.265, .427, and .547 for low, nominal, and high gain levels.

[1 101.
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Again note the effect of turbulence intensity. An increase in
intensity, from light to heavy turbulence, causes a decrease in pilot
rating, of approximately tU. The effects of the LAMS longitudinal FCS
gains on pilot rating are essentially the same as the effects of theI t longitudinal Baseline SAS, i.e., the ratings are essentially unaffected
by pitch SAS gain.

Rather than evaluate only variations in gain, three configurations

of LAI-I Lateral FVS were investigated. They were: no roll augmentation;
a roll SAS with a feed forward and feedback network which gives the same
roll response (due to a step wheel) as the basic aircraft; and a third con-
figuration (similar to the second except for a different forward gain)
which gives an improved roll response for small wheel inputs and improved
roll damping. As shown by the data presented in Figure 45 and Appendix C,
there is essentially no change in the pilot opinion due to any of these
changes.
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4.4 Strlctural Perfoimance Predictions

The TAMS-FCS modified the B-52 loading in turbulence to achieve
reductions in "..igue damage rates, stresses, and accelerations. The LAMS
Flight Control Syste= --uced fatigue damage rates at the key wing stress
points by more than 1/3 with respect to the Baseline SAS. Also, of importance
is the fact that the structural loads were reduced throughout the airframe
and not just at the performance index stations. The ride qu.aity at the
pilot station was improved slightly, with the remainder of the fuselage
showing varying amounts of improvement over its length.

A theoretical evaluation of the structural performance in turbulence
of the B-52 with LAMS Flight Control System included conputations of RMS
shears, bending moments, torsi(,nvl moments, and accelerations througbout
the aircraft. Subsequent performance was defined in terms at fatigue damat r
accumulation rates and peak stresses at selected stations and acceleration
power spectral densities at the crew compartment. The LMAS Flight Control
System is compared with the Baseline SAS and the B-52 without SAS.

The perfCormance predictions were based on sixty-four degrees-of-
freedom mathematical models (32 symmetric and 32 antisymmetric) plus control
surface actuator and SAS dynamics. Three components of random turbulence
were Lncluded; lateral gusts, symmetric vertical gusts, and antisymmetric
vertical (rolling) gusts. A time lag was used for the gust inputs to each
aerodynama• .,anel to describe the gradual penetration of the aircraft into
the gusts. Approximated Kussner and Wagner lift growth functions were used.

The rms structural moment, "A", due to a unit rms gast is plotted
as a function of airframe station in Figures 46 through 50 . These figures
show that the LAMS-FCS is generally able to reduce the structural response
with respect to the Baseline SAS. The responses which show the greatest
benefit due to the LAMS-FCS are the wing vertical bending moment (20 per cent
reductions), and the fuselage vertical bending moment forward of Body Station
1050 (40 per cent reductions). Aft of this point on the fuselage the LA4S-
FCS causes increases in vertical bending moment.

Wing chordwise (fore and aft) bending moment and fuselage side
bending moment show 30 per cent reductions with respect to the NO SAS con-
figuration but show very little reduction with respect to the Baseline SAS.
Wing torsional moment shows an increased response with the LAMS-FCS on.

Airframe acceleration responses are presented in Figures U1, 12 and
51 . The LAMS-FCS slightly reduces the accelerations in the forward fuse-

lage with respect to the aaseline SAS and the NO SAS configurations. The
accelerations on the wing are reduced up to 10 per cent with respect to the
Baseline SAS outboard of W.B.L. 475 by the LAMS-FCS. Inboard of this station
the acceleration level with the LAMS-FCS on is greater than the Baseline SAS
but is reduced with respect to the NO SAS configuration.

A power spectral density of the Bc.'y Station 172 (pilot's station)
vertical acceleration is presented in Fiture 52 . The response levels are
slightly reduced by the LAMS-FCS.

I
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The results of the stress exceedance study are presented in Tables
XXI! through XXIV and in Figures 53 through 55 The tables sbow that
the expected number of ultimate stress eyceedances per hour and per year
based on the mission presented in the Introduction are reduced by the LAMS
Flight Control Syste'i_ with respect to Baseline SAS except for some tail
loads 'jhere the Baseline SAS is superior. The bargraphs, Figures 53 through
55 show peak incrE'.ental stresses (for an exceedance level of .001 per hour).
Expected wing peak stresses are reduced 16-33 per cent with respect to Base-
line SAS and 23-36 per cent with respect to NO SAS. Expected fuselage peak
stresses a&: reduced 3-22 per cent with respect to Baseline SAS and 28-40
per cent with respect to NO SAS. Horizontal tail peak stresses are 10 per
cent greater than Baseline SAS, but 10 per cent less than NO SAS. Expected
peak stress at Fin Station 135 are reduced 35-40 per cent by both Baseline
SAS and LAMS Flight Control System from the NO SAS condition.

The Ifatigae damage rates per year are presented in Tables I,
XXV, and XXVI and in Figure 10. The LAMS-FCS is shown to reduce the
fatigue damage rate 35 per cent at the wing stations with respect to the
Baseline SAS and 40 per cent with respect to NO SAS. Fuselage, stabilizer,
and fin show fatigue damage rate decreases of from 50 per cent to 85 per
cent with both the LAMS-FOS and Baseline SAS, compared with NO SAS. There
is l'ttle difference at these stations between Baseline SAS and the LAMS-FCS.
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TABLE XXII
LAMB ULTIMATE STRESS EX) DANCES DUE TO TURBULENCE

NO LUS (CONTROLS U A)
2 SPOILERS UP 150

C6MBND VERTICAL. LATEMAL, & ROLLING GUfS
CNORLOWI LEVEL & CRUISE ENVIRONMENTS
ARO !CP 1128 (B-52 DAT)

STRESS ULTIMATE STRESS EXCEEDANCES PER HOUR EXCEEDANMES
LOCATION COND. 1 COND. 2 COND. 3 PER YEAR*

W.S. 282 S-7 3.7 x 10-12 1.8x 1.- 15  l.Z x 10-23 9.3 x

W.S. 516 S-5 2.2 x 10-12 4.4* x 10-15 3.3 x 10-21 5.5 x 10`11

WS. 899 S-3 4.5 x 10-14 Ia.2 x 10-16 1.0 x 10-18 1.1 • 10-12

B.S. 805 U.L. 1.6 x 10-18 8.1 x 10-28 3.3 x 10- 2 5  4.0 x 1o-17

B.S. 1028 U.L. 3.3 x 10-18 1.2 x 10-28 2.6 x I0- 2 4  8.3 x 10-17

S.R.L. 32 SPAR i.6 x 10-24 2.8 x 0-39 5.7 x 10-37  4.0 x 10-23

F.S. 135 SPAR 1.5 x 10-9 2.1 x 10--1 1.9 X 10-1% 3.8 x 10-8

COND. 1 CONTMUR L•WI-BVEL, 350,000 LBS., 350 KEAS, 4000 FT. ALT.

COD). 2 = CONTOUR LW-LEVEL, 350,000 LBS., 240 KEAS, 4000 FT. ALT.

COND. 3 = CRUISE, 270,000 LBS., M•CH .77, 32,700 FT. ALT.

*ANNUAL USAGE = 25 HOURS 0 COND. 1
+39 HOURS 0 COND. 2

+511 HOURSO CON). 3

*For comparisons only. Fin side loads cannot exceed 85%
of design loads at flight conditions 2 or 3 due to CLmax.
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IAMS ULTIMATE STRESS EXCEEDANCES DUE TO TURBULCE

BASLIN SAS (ROLL, PITCH, ANID YAW)
2 SPOILERS UP 150

COMBINDE VERTIXCL. IATERAL. & ROLLING GUSTS
CONTOUR IAW LEVEL & CRUISE ENVIRON•ENTS

ARE FROM ECP 1128 (B-52 DATA)

STRESS ULTDIL!E STEM EXCEEDANCES PER HOUR EXCESDANCES

LOCATION COND. 1 COND. 2 COND. 3 IMR YEARI

W.S. 282 S-7 7.2 x 10-13 2.0 x 10-16 2.1 x 10-25 1.8 x 16-11

W.S. 516 S-5 5.1 x 10-13 6.7 x o0-16 2.9 x 10-22 1.3 z 10-11

W.S. 899 S-3 1.0 x 10-15 7.3 x 10-18 1.9 X 10-20 2.5 x 10-14

B.S. 805 U.L. 7.8 x 10-2 6  2.8 x 10-38 5.7 x 10-35 2.0 x 10-24

B.S. 1028 U.L. 1.0 X 10-25 8.8 X 10-42 1.2 x 10-32 2.5 x 10`24
S.B.L. 32 SPAR 9.5 x 10-32 1.1 X 1 3.2 -1052 2.4 x 10-30

F.S. 135 SPAR 1.6 x 10-17 3.9 x 10-2 7  7.4 x 10-27 4.0 x

COND. 1 = CONTOUR LW-lEVEL, 350,000 LBS., 350 REES, 4000 FT. ALT.

COND. 2 = CONTOUR LOW-LEVEL, 350,000 LBS., 240 KEEL, 4000 FT. ALT.

COND. 3= CRUISI, 270,000 LBS., MACH .77, 32,700 FT. ALT.

*ANNUAL USAGE = 25 HOURS & COND. 1
+39 HOURS @ COND. 2

+511 HOURS @ COND. 3

**For comparison only. Fin side loads cannot exceed 85%
of design loads at flight conditions 2 or 3 due to Claax-
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TABLE XXKI

LAMS ULTIMATE STRESS EXCEEDANCES DUE TO TUREUJIENCE

LAMS FLiGHT CONTROL SYSTEM (ROLL, PITCH, AND YAW)
2 SPOILERS UP 15°

COMBINED VERTICAL, LATERALW, & ROLLING GUSTS
CONTOUR LOW LEVEL & CRUISE ENVIRONMENTS

ARE FROM ECP 1128 (B-52 DATA).

STRESS ULTIMATE STPESS EXCEEEANCES PER HOUR EXCEEDANCES

LOCATION COND. 1 COND. 2 COND. 3 PER YEAR*

W.S. 282 S-7 1.311 x 10-16 3.578 x 10-22 1.944 x 10-39 3.3 x 10-15

W.S. 516 S-5 8.229 x 10-18 3.097 x 10-22 3.637 x 10-34 2.1 x 10-16

W.S. 899 S-3 1.015 x 10-19 1.090 x 10-23 3.715 x 10-25 2.5 x 10-18

B.S. 805 U.L. 8.902 x 10"3 0 8.931 x 10-49 6.145 x 10-43 2.2 x 10-28

B.S. 1028 U.L. 2.245 x 10-26 2.494 x 10-47 1.498 x 10-41 5.6 x 10-25

S.B.L. 32 SPAR 2.404 x 10o 2 8  1.207 x 10- 4 8 2.078 x 10-48 6.0 x 10-27
*'* **

F.S. 135 SPAR 2.5 x 10-17 4.2 x 10"31 2.4 x 10-29 6.3 x 10-16

COND. 1 - CONTOUR LOW-LEVEL, 350,000 LBS., 350 KEAS, 4000 FT. ALT.

COND. 2 - CONTOUR LOW-LEVEL, 350,000 LBS., 240 KEAS, 4000 FT. ALT.
COND. 3 - CRUISE, 270,000 LBS., MACH .77, 32,700 FT. ALT.

*AINUAL USAGE - 25 HOURS @ COND. 1
+39 HOURS @ COND. 2

+511 HOURS @ COND. 3

**For comparison only. Fin side loads cannot exceed 857.
of design loads at flight conditions 2 or 3 due to CI•a.
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TAELEXXV
LAMS FATIGUE DAMAOF RATES DUE TO TURBULENCE

INO SAS (cONTROLS LOmED)
2 SPOILERS UP 150

COMBINED VERTICAL. L&TEKL. & ROLLING GUSTS
CONTOUR LOW LEML & CRISE ENVIRONMENTS

ABE FROM ECP 1128 (B-52 DATA)

STRESS DlAMAGE PER HOUR DAMAGE
LOCATION COND. 1 COND. 2 CND. 3 PER YEAR*

W.S. 282 S-7 2.97 x 10-3 1.64 x 1o-3 .013 x 10-3 .145

W.S. 516 s-5 2.89 x 1o-3 1.74 x 10-3 .020 x 1o- 3  .150

W.S. 899 S-3 2.24 x 10-3 1.36 x 10-3 .029 x 1o- 3  .124

B.S. 805 U.L. .768 x 1o-3 .135 x 10-3  .o048 x 1o-3 .0269

B.S. 1028 U.L. .939 x 10-3 .126 x jo-3 .ooso x 1o-3 .0325

S.B.L. 32 SPAR .052 x 1o-3 .0022 o 10-" .0002 x 1o-3 .0015

F.S. 135 SPAR .997 x lO-3 .l88 lo-3 .Q061 x 10-3 .0354

COWD. 1 - CONTOUR LOW-LEVL, 350,000 LBS., 350 KEAS, 4000 FT. ALT.

COND. 2 - CONTOUR LOW-L8VEL, 350,000 LBS., 240 KE&S, 4000 Fr. ALT.

COND. 3 = CRUEI, 270,000 LBS., MikC. .77, 32,700 FT. ALT.

*ANNUAL USAG - 25 HOURS 0 COND. 2
+39 HOURS 0 COND. 2

+511 HOU•S CO!D. 3
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ii TAELE JOCV
SLAMS FATIGUE DAMAGE RATES DUE TO TURBULMM

BASELIN SAS (ROLL. PrmN AND YAW)
2 SPOILRS UP i1"

COMBDIED VERICAIL.• W=L & ROLLIG• GUSTS
CONTOUR LOW LEM & CRaISE ENVR MiTS

ABS FRO ECP 1128 (3-52 DATA)

STRESS DAN&G4 PER HOUR DAMAGE
LOCATION COND. 1 COND. 2 CON•. 3 PER YEAR*

W.S. 282 S-7 2.76 . io-3 1.4o x 10-3 .011 x 1o-3 .133I+
W.S. 516 S-5 2.71 x 10-3 1.60 m io-3 .019 x 1o-3 .140

WS. 899 S-3 1.90 g lo-3 1.16 x .1O-3 .026 x 1o-3 .106

B.S. 805 U.L. .294 x 10-3 .0o% x 10-3 .0015 x 10-3 .0097

B.S. 1028 U.L. .345 x 10-3 .O2s8 x 10-3 .0029 x i-3 .0112

S.B.L. 32 SPAR .016 x 1(- 3  .0002 o 0-3 .00003 x 10- 3  .0004

F.S. 135 SPAR .181 x io-3 .018 x 1o-3 .0007 x 1-3 .0056

COND. 1 = CONTOMUR LO-LEVEL, 350,000 LBS., 350 KEAS, 4000 FT. ALT.

COND. 2 = CONTOUR L0W-IZVEL, 350,000 LBS., 240 InS, 4000 FT. ALT.

COND. 3 = CRUISE, 270,000 LBS., NAW.- .77, 32,700 PF. ALT.

*ANNIULl USAGE = 25 HOURS CONDD. 1
+39 HOURS 0 CON). 2

+511 HOURS5 @ COHND. 3
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14.5 Performance Sensitivity Results

14.5.1 IAMS Longitudinal FCS

The results of the longitudinal performance definition study
indicated the LAMS-FCS would operate satisfactorily for the levels,
freq.uencies, and kinds of input signals used during SAS operation. The
responses to discrete pulse inputs of various frequencies and random
gust inputs all tend to follow the same trends. Actuator hysteresis
depending on the RMS gast level, has a noticeable but not serious effect.
Control column input responses with LAMS engaged were well matched to
those of the free aircraft.

Results of the longitudinal axis sensitivity analysi; indicate
that modal coefficient variations are in some cases, destabilizirg.
Variations in mode frequency and in flight control system time constants
have no significant destabilizing effects. This is also the case with
actuator hysteresis. These results are suzmiarized in Tables XXVII , XXVIII,
and XXIX for Flight Conditions 1, 2, and 3 respectirely as indicated by
the Symbols 1, 2, and 3.

The parameter variation column lists the percentage variations
of evaluated aircraft parameters. A unity coefficient associated with a
parameter would designate a nominal value; a 1.25 coefficient is a 25
per cent increase from nominasl, and a .75 coefficient is a 25 per cent
decrease from nominal.

The longitudinal LAMS failure analysis, presented in Table XXX,
included hardover and open failures of each rate gyro and control surface
actuator. All hardover failures except for the aileron actuator were
considered serious in that large normal accelerations occur and stresses
approach those required for structural failure. An open failure of one
of the rate gyros is also serious in that it results in the flight control
system being statically unstable. Various other open failures lead to
increases in 14S levels of stresses and pilot's acceleration but not
unmanageable situations.

4.5.2 LAMS Lateral-Directional FCS Results

The lateral-directional performance definition results indicated
that the LAIS system would operate satisfactorily for the levels, fre-

quencies, and kinds of input signals used during SAS operation.

Results of the sensitivity analiysis of the LAMS Lateral-Directional
FCS indicate that variations in gyro piclkups and mode frequencies are not
destabilizing. The analysis results are summarized in Tables XXXI , XXXII,
and XXXKII for the three flight conditions checked. Deviations of 10 per cent
or more from nominal are obtained at ving station 899 and body station 1028.
Pilot's acceleration is sensitive to variations in mode 9 frequency. It is
interesting to note that a 25 per cent reduction in frequency materially
reduces pilot's acceleration at Flight Conditions 2 and 3. The effect is
not seen at Flight Condition 1 where pilot acceleration WMS values increase
from nominal for either an increase or decrease in mode 9 frequency.
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TAKLE XXVITI

Effect of Parameter Variations on LAMS
Performance, Longitudinal Axis, Flight
Condition 2
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TABL1 XXIX

Effect of Parameter Variations on LAWS
Performance, Longitudinal Axis, Flight
Condition 3
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Open failure results included in the R4S variations summarized in
Tables XXXI, XXjcI, and XXXIII indicate that yaw rate gyro failures can
degrade LP.MS performance to that of the free aircraft or worse.

Hardover fail ares do not appear to be serious in the Lateral-
Directioný,l axis. Hardover failure transient responses indicate that
responses aze essentially stable commands equivalent to full &altbority
pilot ccioru.nds. Pesponse damping is not degraded below that of the free
aircraft.

4.6 LAM- nCS Longitudinal Design Modification Results

LAMS-FCS spoiler loop design modification effects are illustrated
by comparing modified eigenvalues with those presented in Section 4.2.
Longitudinal axis eigenvalues, mode damping values, and mode frequencies
are presented in Tables X)UXT and XXXV for Flight Conditions 1 and 3. These
Tables show the effect of including aircraft equivalent structural damping
and lift growth on the spoilers in addition to including the revised system
gains as shown in Figure 6. The revised spoiler loop system gains
resulted in a 25 degree phase lead at the structural mode I frequency
and a 20 degree phase lead at the structural mode 6 frequency as referenced
to the original system gains.
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REVISED TABLE XXXIV EGNAU]REVISE) LAMB L0WI~TUDL FCS EIGEMALUES
FLIGNE CONDITION 1

Mode Root locationsIj fnn

SP -1.47 ± J 2.63 .w 3.02
1 . .92 ±7.46 . .o

12.14
2 - .59 ± J12.13 .049 1.93

i2.7o
3 -.. 24 ± 1J2.70 W0-9 2.0214.73
4 - .23 ± j14.73 .o16 .34-

15.09
5 -1.o7 ± j15.o6 .071 2.4o

1.8.90
6 -2.70 ± J18.70 .143 3.01

19.45
7 - .45 ± jg.44 .023 3.09

8 -1.19 ± J21.71 .055 3.y6

33.509 -%L.96 ± J33.44 .059 5.33
36.4110 -1.o6 t j36.39 .029
37.6&

11 - .57 ± J37.- .015
39.96

12 -1.67 ± J39.93 .042 6.36
46.3o13 -7.16 ± j45.73 .155 6.30
7.37

57.1214 - .94 ± J57.11 .016 9.09
6D.23

15 - .66 ± j60.23 .011 9.59
61.96

16 -4.17 J61-.82 .6696 9.86
17 -3.17 I J&f.32 .049 10.25

83.78
18 -2-79 ± J83.73 .033 13.33
19 -4.83 t 388.1o .055 38.23

19 -4- .055 14.04
94.80

20 -6.85 ± 394.55 .073 15.09
21 -3.31 ± J94.77 .035 94.83

15.09
u3.42

22 -2.26 ± j113.4.0 18.05

1.37



TABIZ X)OCV
REVISED LAM LONGITUDINAL FCS EIGENVAIIAS

A FLIGHT CONDITION 3

: fnMode Root rzcations f n

SP -1.38 ± j 2.35 .51 2.73
.435

1 -76 ± J 7.76 .098 7.76S" 1.23
• 1P.09

2 - .50 J12.09 .o4l
1.93

S~12.69
3 - .21 ± j12.69 .017 2.02

4 - .63 ± J15.02 .042 15.02S~2.39

5 -•1 ± j15.-19 .019 15.19S~2.4,2
S~19.28

6 -2.33 ± j19.09 .121 1.28

7 - .40 ± J19.56 .020 19.56
3.11

"- .65 t J24.32 .027 24.32
3.87

9 -1.43 ± j35.47 .o4o 35.47
5.65

10 - ,73 ± J37.48 .019 37"48
5-97

37.7211 - .59± J37.7 2  .o16 6.70S~6.00

12 -1.42 ± j42.67 .033 42.67
6.80

13 -3.92 ± J47.52 .083 47"527.56
14 - .94 ± J58.1 .o16 5'11

9.24S~63.71
15 -2.63 ± J63.71 .041 6o.T3

10.13

16 -1.69 ± J65.33 .026 65.33
10.40

17 -1.51 ± j68.07 .022 68.07S]10.83
) 87.o7

18 -2.90 ± J87.07 .033
13.85

19 -2.97 ± j90.96 .033 90.96
14.50

20 -4.51 ± J96. 89 .046 96.89
15.40

21 -2.70 ± J105.73 .o26 105.73
16.80

22 -1.92 ± J117.50 .0o6 117.50
18.70
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5.1 Introduction

This section discusses hardware which has been designed to imple-

ment the IAM program. The section encompasses the hydraulic actuators, the
hydraulic power system, the control system eiectrical/eleetrooics, special
hardware, such as analog computers, oscillograph, and function generators,
and the fly-by-wire system, and the Honeywell LA1-FCS computer.
5.2 Boeing Hardware Design

5.2.1 Aileron Actuator

The original aileron was controlled by two tabs; a control tab
which was operated by a cable system to the control wheel and a trim and
balance tab driven by an electric motor.

When converting to the hydraulically powered aileron system, the
aileron gust dampers, and the aileron trim tab actuators were removed. The
trim tab was fixed to the aileron, and the mechanical linkage from the con-
trol quadrant to the control tab was replaced with a push rod to the aileron
actuator. The control tat linkage was attached to fixed structure to provide
boost tab operation (5:1) when the aileron actuator displaced the aileron.

MTe aileron actuator is a hydraulic servo actuator which positions
the aileron in response to mechanical control inputs transmitted from the
control wheel, electrical signals from a stability augmentation system, elec-
trical trim input from trim switches, or simultalnous combinations of all
inputs. Aileron position feedback is obtained frox a mechanical linkage
attached to the actuator piston rod.

The aileron actuator was designed to be in "covdance with the re-
quirements stumarized in Table XXXVI and Figures 56 and 58,

The functional diagram of the aileron actuator is shown in
Figure 57.

The aileron actuator 'har full electrical authority ± 17 degrees and
the specification required the capability of fu23 2anual override of any
electrical coummand with no reduction in mechanical authority. The require-
ment was not implemented In the aileron actual dr due to an error in design
by the actuator supplier. This error was not corrected, because the addi-
tional cost and time required to incorporate a revision to the actuator was
not warranted; this same design requirement was applicable to the spoiler
control valve, and the spoiler authority was more than adequate to override
the effect of hardover aileron rolling moment.

Additional features of the aileron actuator vere the integrated
force feedback piston required for stability compensation, and the delay
valve which Limited actuator centering rate to 60 degrees per second upon
electrical shrutdown.
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ii. TABlEX4CV

sNIImi AcTuATIfM syYmm SPBCIFICATIGEB

Operating Pressure 3M0 Psi

Ambient TqwieM e!%, Ran• e -6r° to +186P F

Fluid MW .-4& to +225 F

Altitude Sea Luel to 60,000 Ft.

Surface Dieplacement 600

No Load Bate 2 Panel ConfigUrStion 220 deg/sec

No Load R ate 3 Panel CofiguriOn 1140 dBe/se

Open LIop Gan 2 Penal Configuration 140 aeg/aec/'deg

Open Loop Gain 3 Panl configuration 27 dag/sec/deg

Efective Piston Area UP 1.92 In 2

Effective Piston Area Down .921In
FreCapability , er Pm].l UP 5700 lbs

Stroke 6.25 in.

Crank Arm 5.62 In.

AIIoRG ACT¶aM SYS2M SP3CICATIONS

operating Preseuxe 3000 PSI

Axibient Tuear Ran* -650 to .180 IF
Fid e ratUL .-h& to +]22? F

hAULtU1 Sea iewel to 60,000 Ft.

Surface Disp2acoeint two

* no Load Rate 12M deseem

Veijat T4 lbs

Open co~p Gain 4'5 degalmw/deg

Effectimw Piston AVea 2.031I2

FceCapability 6090 lbS

Stroke 6.lli in.

'Crank ArM 10. 5 In.
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5.2.2 Spoiler Actuation System (Integrated Spoiler Servo Valve)

The spoiler servo valve is an integrated unit designed to supply
metered hydraulic flow to the spoiler segment actuators in response to elec-
brake, mechanical pilot input, and mechanical position feedback coiands

fzu the existing follow-up linkage system.

The spoilers were divided into groups of four outboard segments aud
three inboard segments. Due to design and fabrication problems, the spoiler
servo valve proved unsatisfactory for SLS inputs. Therefore, the system was
modified to utilize only the two outboard spoiler segments for IAMS-FCS con-
trol,, see Section 5.2.3. The remaining five segments were grouped three In-
board and two outboard. With this new configuration, the spoiler actuation
system is required to accomplish all of the functions listod above with the
exception of IAMS-FCS and meet the specifications listed in Table XXXVI.

A functional diagram of the spoiler servo valve is shown in Fig-
ure 59 and the initial specified anxdiary actuator ope.n loop frequency
response is presented in Figure 58.

5.2.3 IAMS-FCS Spoiler Actuation

Cummind signal implementation for the longitudinal IAMS-FCS is pro-
vided with special servo-actuators which control the two outboard spoiler
panels on each wing. These IANS-FCS spoiler actuators were configured by
modifying the existing actuator on Spoiler Panels 1, 2, 13jand 14. Each
actuator was fitted with a special manifold which adapted a Model 31 Moog
electro-hydraulic flow control valve to the unit. A position transducer was
fitted to the actuator piston rod to provide a complete servo-actuator and
are connected to the hydraulic power system in the outboard wing.

The spoiler actuators respond to plus and minus command inputs and
provide spoiler surface deflection of plus 45 degrees and minus 15 degrees
from a plus 15 degree deflection bias point.

The SAS spoiler actuators are designed to meet criteria listed in
Table X]UVIII and Figure 6D.

5.2.4 Rudder and Elevator Actuators

The hydreoulic actuators used for driving the rudder and elevator are
of a dual tandem configuration and designed in accordance with MIL-C-5503,
MIL-H-8775 and MIL-B-7080. The elevator and rudder power control actuators
differ only in envelope dimensions, force output and strcke.

Each actuator employs differential pressure limiters for limiting
the maximua force output, a dual tandem piston and cylinder, two electrical
shutoff valves, two auxiliary actuators, two position transducers, one dual
rmin control valve, two min actuator bypass valves. four filters, two elec-
trical connectors and an internal summing linkage system.
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TABLE XXXVII

LTMS-FCS SPOILER ACTUATION SYSTE4 SPECIFICATIONS

Operating Pressure 3000 psi

Ambient Temperature Tange -650 to +1800 F

Fluid Temperature Range -40o to r225OF

Altitude SEa Level to 60,000 Ft.

Gain Margin 10 db

Phase Margin 700

Open Loop Gain 43 Sec- 1

Stroke 6.25 in.

Effective Piston Area Up 1.92 in.

Effective Piston Area Down .92 in.

Force Capability-Per Panel TJp 5,700 lbs.

Crank Arm 5.62 in.
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*TABLE XOXV-TI

RUDIER ACTUATOR SPECIFICATIONS

Operating Presaure 3000 psi

Anbient Temperature Range -650 to +1800 F

Fluid Tempermmt.x Range -4O° to +2250 F

Altitude Sea Level to 6o,0oo Ft.

Surface Displacement +190

No Load Rate 80 degieec

waight 144 3:oa

Open Loop Gain 45 deg/sec/deg
Effective Piston Area 2.144 in2

Force Capabillty 7320 lbs

Stroke *i.30 in.

Crank Arm 1.00 in.

ELEVATOR ACTUATOR SPECIFICATIONS

Operating Pressure 3000 psi

Ambient Tenperature Range -65° tU +180° F

Fluid Temperature Range -40O to +2250 F
Altitude Sea Level to 60,000 Ft.

Surface Displacement f190

No Load Rate 80 deg/sec

Weigbt 57 lbs

Open Loop Gain 145 deg/sec/deg
Effective Piston Area 3.51 in 2

Force Capability 10,530 lbs

Stroke *i.47 in.

Crank Arm 4.5 in.
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In addition., the elevator actuators contain two rate limiting bypass
valves for the purpose of limiting -ontroi surface rates induced by electrA-
cal shutdown of the SAS portion of the actuator.

The following components are interchangeable on all actuators:

Electro-hydrauli. llow Control Valves

Shutoff Valves
Positttn Transducers

Main Actuator Bypass Valves

Filters

The differential pressure limiters a-e non-interchangeable.

The cTiteria for the design of the zidder and elevator actuators are
listed in Table XXXVIII and Figure 61.

A functional diagram of the actuator is shown in Figure 62.

5.2.5 Hydraulic Power System Design

The hydraulic power system design consisted of augmenting the power
capability of the exiating systems and the installation of two additional
systems in Vie aft body of the airplane for powering the rudder and elevator.

5.2.5.1 Roll Axis Hydraulic Power System

Hydraulic paver for actuating the ailerons and the spoilers is pro-
vided by six separate hydraulic systems. The primary source of power for
each system is provided by an engine driven hydraulic pump. A pump is mount-
ed on each engine of the airplane except on engines #2 and #8. Each of the
hydraulic systems is supplemented with an electric motor driven pump and an
accumulator to augment flow. The four left oatboard spoiler panels are
powered by the number one engine system, the three left inboard spoilers are
powered by the number three engine system and the left aileron is powered by
the number four engine system. A similar arrangement exists in the rigt
hand wing. In addition to driving the spoilers, the outboard systems provide
actuation power for the tip protection landing gear. The systems powered
by engines A and #5 power the ailerons and also provide power for stabili-
zer trim actuation, landing gear actuation, and other utility functions.

A block diagram of the basic IAMS test ehicle hydraulic systems is shown
in Figure 63. Figure & shows the hydraulic systems as rodifled far the IAX6
program. The hydraulic systems are the 3000 psi type and use MIL-H-5)60
fluid. The flow capacity of each engine driven pump is 12 gp. The flow of
the auxiliary (electric motor) pump in each aileron system is 6 gpm sand the
auxiliary puimp in each spoiler system is 3.8 gYm. A 100 cubic inch accum-
ulator was installed in each of the systems powered by engines #1 and #7.
Each of the other four systems was provided with a 50 cubic inch accumulator.
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Tiat: acciuulators wre located as close to the aileron or spoiler actuators
aft practicaZ to increase effectiveaess.

5.2.5.2 Rudder-Elevator Hydraulic Power System

£ A trade study was accomllished to determine the most feasible pow-
er su'~ply configurdtion for the rudder and elevators which would provide
adequate reliability and could be installed on either the B-52G or H with-
out awdification. Considerations in the trade study were as follows:

• Re.Liability

* Weight

* Cost

* Complexity of Installation

Saintainability

The primary source of hydraulic power for the rudder-elevator sys-
tem is provided by two electric motor driven pumps. Two separate systems
are provided and each system has a self-pressurizing reservoir. A standby
source of hydraulic pawe.- is provided by a hydraulic motor driven pimp
"(transformer) that is powered by the Number 5 engine drive:j system. The
rudder-elevator systems are shown in location in Figure 64. A more detailed
block diagram of the systems is presented in Figure 65.

The electric motor driven pump assembly consists of a variable de-
livery axial piston hydraulic pump and a 3 phase 118/205 volt, Class A,
induction motor. The assembly is rated at 2700 psi at 6 gam (full flow) and
A000 psi at zero flow.

The hydraulic transformer is incorporated in System No. 2 to pro-
vide emergency power in the event of failure of the primary systems. The
hydraulic motor utilizes paver from the aircraft LH body hydraulic system
to drive the pump. The unit is designed to deliver flow when the input
differential pressure across the motor and flow regulator is 2950 psi and
the r-dder-elevator hydraulic system differevtial pressure across the pumr
drops to 2630 +I psi. The transformer will continue to deliver flow uatil
the rudder-elevitor hydraulic system differential pressure reaches 2800 psi,
and will then stall. Rated flow of the hydraulic motor driven pump is two
gym at 2i200 psi pump side 4ifferential.

1
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5.2.6 Electronic Sensors

Position, rate and acceleration sensors are used in the control
system, some being implicit in the control loop while others are used for
safety monitor and/or Flight Test data acquisitior purposes. A list of the
system sensors Is tabulated in Table XXXIX and located in the aircraft in
Fi•Jre 6.

5.2.6.1 Position Sensors

Two types of position sensors Lre found in the control system: D.C.
and A.C. The D.C. sensors are conductive plastic potentiometers and may be
elther rotary or linear. Potentiometers are used for pilot'6 control posi-
tion and surface positions.

Potentiometers are supplied with ± 15 volts excitation from the
interface electronics power supplies. In order to provide optimum scale
factors, rotary potentiometers are designed with extra taps so that excita-
tion may be applied at a point near the maximum slider rotation. Buffer
amplifiers are provided in the interface electronics to isolate the poten-
tiometers from other disturbing circuit elements and to provide gain change
capabilities where required.

The A.C. type of position sensor is the LVDT (Linear Variable
Differential Transformer) sensing the auxiliary actuator position in the con-
trol actuator. This sensor is a necessary element in the auxiliary actuator
control loop. Since the output is 400 cycle A.C., a ring demodulator and
buffer amplifier are used to convert the signal to the required D.C.

5.2.6.2 Rate Sensors

The rate sensors utilized in the control system are miniature rate
gros in two ranges: 0-20 degrees/sec and 04 degrees/sec. The undamped
natural frequency is above 20 cps. The output is A.C. and a demodulator and
buffer am lier are required to provide D.C. signals. The scale factor is
changed to an appropriate value in the buffer asplifier. An isolated self
test coil is provided and will allow the gyro to be torqued with an external
signal to simulate an actual rate input. A pulse train output is provided to
allow confirmation of correct motor operation.

5.2.6.3 Acceleration Sensors

The acceleration sensors used are linear accelerometers of the
force balance type and contain an internal control amplifier and feedback
loop. As supplied, the output is a current source with a scale factor of
0.20 ma/g. Thus, a buffer amplifier is required and the voltage scale fac-
tor is determined by the feedback resistor used. The frequency response is
extremely high, with the undamped natural frequency greater than 750 cps.
This necessitates the use of low pass filters in the buffer amplifier. An
Isolated torquing coil is provided to allow an external input to simulate
acceleration inputs. Frequency response to torquing inputs matches that for
acceleration inputs. The accelerometer is supplied by ± 15 volts from the
interface electronics power supplies.
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TABLE MDCIX

ELECTRONIC SENSORS

ITEM ITEM
NO. VARIABLE NO. VARIAMLE

1 Control wheel position, pilot 40 Spoiler #6 auxiliary actuator
2 Control column position, pilot position
3 Rudder pedal position 41 Spoiler #9 auxiliary actuator
4 Rudder position position

5 Rudder auxiliary actuator 42 Spoiler #12 auxiliary actuator
position 1 position

6 Rudder auxiliary actuator 43 Rate of Pitch, BS566BWL179
position 2 44 Rate of Yaw, BS426BwLl79

7 Left elevator position 45 Rate of Yaw, BS695]3WL238
8 Right elevator position 46 Rate of Roll, Bs8o5BWL238
9 Left elevator auxiliary act. 47 Rate of Yaw, BS1028BSL238

position 1 48 Rate of Yaw, BS137TTL 187.7
10 left elevator auxiliary act. 49 Rate of Pitch, BS1377BWL 187.7

position 2 50 Rate of Roll, BS1655WhL205
11 Right elevator auxiliary act. 51 Rate of Pitch RT, WSUllWL720

position 1 52 Rate of Pitch, LT, WS U
12 Right elevator auxiliary act. BWL 720

position 2 53 Spoiler #1 position
13 Horizontal stabilizer position 54 Spoiler #2 position
14 Left aileron position 55 Spoiler #13 position
15 Right aileron position 56 Spoiler #14 position
16 Left aileron auxiliary actuator

position
17 Right aileron auxiliary actuator

position
18 Pitch parallel servo position
19 Spoiler #3 position
20 Spoiler #6 position
21 Spoiler #9 position
22 Spoiler #12 position
23 Vertical acceleration, nose
24 Normal acceleration, tail
25 Lateral acceleration, tail
26 Lateral acceleration fin

elastic axis
27 Vertical acceleration, L stab.
28 Long acceleration, L wing
29 Vert acceleration, L wing
30 Normal acceleration, c.g.
31 Roll acceleration at c.g.
32 Pitch acceleration at c.g.
33 Yaw rate, CG
34 Pitch rate, CG
35 Roll rate, CG
36 Roll at CG
37 Pitch at CG
38 Yaw at CG
39 Spoiler #3 auxiliary actuator

position
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,rface Electronics

interface electronics system provides the nucleus of the elec-
trical/elecuronics system installation. All control signals Pass through
some portion of this system. These include, for examplep pilot's control
inputs to the computer, computer output to the actuators, feedback sensors
to the computers, and Flight Test data acquisition. In addition, safety
monitor, inflight data monitoring, and system engagement control functions
are included in the interface electronics.

Interface amplifiers are used to isolate the sensor outputs from the
caiputers. They are also used to isolate sensor and computer outputs from
the read-out devices. This eliminates sensor loading effects and permits
filtering or other necessary signal conditioning ahead of the input to the
computer or read-out device. The interface amplifiers are solid state D.C.
operational amplifiers with 1 10 volt output. These amplifiers are located
on the lower flight deck and in the pressurized tail gunner's compartment.
This choice of location allows short wire runs from sensors to the isolating
amplifiers while still maintaining amplifiers in a desirable environment.
Signal to noise ratio problems are also reduced by providing low impedance
signal paths. The physical structure of the electronics installation are
shown in Figures 67 and 68. An interpatch panel receives all flight control
loop input and output signals. This panel consists of a removable patch
board containing 408 Jack connections and a mating base panel. Since all
signals feed through the interpatch base Panel into the removable board and
back out the base panel, any desired routing of signals may be wired on the
removable board. The removable patch board will normally be prewired on the
ground prior to flight, but is eccessible for qualified personnel to make
inf Light changes.

The system block diagrsm is presented in Figure 69.

5.2.7.1 Servo Actuator Electronic Equipment

There are 16 series servo actuators and one parallel servo actuator
in the flight control system. The parallel servo is a lower bandpass actua-
tor consisting of an electric motor servo and drive amplifier. This servo
is obtaine from existing A/A42G-11 AFCS hardware and used to implement the
pitch axis fly-by-wire commands from the evaluation pilot. The series serve
actuators, located in the integrated hydraulic plcuas, employ D.C. electro-
hydraulic valve coils with a typical resist~awre of 1000 chms per coil.
Normally, two coils are used and the maximum required control input current
is 8 ma. differential or 4 ma. per coil. This current is supplied by a solid
state, ± 10 volts operational D.C. amplifier. Differences in the 16 series
servo actuator electronics are discussed in the following paragraphs.

The rudder actuator has two independent electrical series servo
actuators, each commanding up to 10 degrees of rudder travel andp operating
together, comanding up to 20 degrees of '.avel. Each channel has a variable
reluctance position transducer within the d actuator package to provide
position feedback to the servo amplifier. The output of the transducer is a
modulated 400 cps signal. This output sigal is demodulated at the amplifier
to provide a D.C. position signal. Each rudder series servo loop thus re-
quires a servo amplifier, a demodulator, associated components and a power
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source. The two channels of the rudder servo system operate frm separate
power supplies. The demodulators operate fron, 26V, 0O0 cps power supplied
by a standard instrument transformer operating from a voltage regulating
transformer.

The two aileron actuators and the four integrated spoiler velve
actuation packages contain a single series servo actuator channel and simi-
lar servo electronic eqaipment is supplied for them.

The servo electronic equipment used for operation of the rudder,
elevator, aileron actuators and the integrated spoiler actuation package is
discussed below.

The servo amplifier is the output point of the electrical control
system. It's function is to apply the control signals to the electro-
hydraulic control valve and to close the loop around the auxiliary actuator
so that auxiliary actuator position is an accurate and linear fuuction of
the electrical inputs. The valve coil is part of a flow control valve which,
in turn, supplies flow to the piston of the muxliary actuator, making the
position of the auxiliary actuator a function of the integral of the current
through the coil. The position of the auxiliary actuator is measured by a
Linear Variable Differential Transformer (LVDT) vhose output is a 400 cps
signal with an amplitUde proportxon to the position. Thus the servo ampli-
fier system must supply current to the valve coil and receive the demod out-
put to close the loop.

In general, bandwidth of about a decade above the highest structural
friquency is desired to sufficiently separate auxiliary actuator response
frm control system response. Considering the open loop characteristics of
the servo inplifier/auxiliary actuator/LIIr/demod system to be essentially a
pure integration (higher order effects ignored) leads to a unity gain cress-

Nver at 150 radians/sec.

As a result of testing various sc ro valves, the transfer function
of the servo valve is taken to be

%V in 3/sec/maq/Io + 2(-!'

6302 930

ignoring the coil. The coils taken in parallel are considered to be 500 ohms
resistive in series with 3,5 henries inductance.

The auxiliary actuator is nearly a pure integrator and its trans-
fer ftuiction is considered to be

A KAA_ in/in3 /sec
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The response of the LVDT is taken to be "LVI7M K VRNi/in= A

The demodulator is a full wave diode ring design and with the included fil-
|V

tering has a response of VMMOD = I VDC/VRMS
____ + + 15

There is a residual ripple of about 1 percent at 800 cps at the filter
output.

Utilizing computer studies, it was determined that for a static
loop gain of 1500 (implying an amplifier gain of 158 ma/v,•lt) required a
"compensation function described by

S S + :

S -

5M0

When the compensation described above is applied and the amplifier
gain is 158 ma/volt, a considerable 800 cps ripple is found at the amplifier
output. This could cause damage or eventual failure of the servo valve. A
notch filter with the characteristic

500e

S +1

5000

was added to provide addition rejection of the 800 cps ripple.

Applying all the above factors and assuming that the servo amplifier
is a perfecf current source achieves an open loop transfer function of

G(s'H(s) 1 2.5[ 5" +1]

with the feedback being

S2 +

H(S) =

+1(.)S+4



[

Figure 70 shows this fw-ction plotted. The theoretical closed loop
response is shown in Figure 71. The curves for most sluggish and most ring-
ing response are based on parameter changes beyond those normally expocteO,.
Maxwjl theoretical peaking is about 1 db. The phase margin is 6D degrees,
the gaia margin is 9 db and the crossover frequency is 125 rad/sec.

Considering the direct coupled nature of the control system, SAS or
FBW engagement could cause a considerable airframe transient or step input
to the control surface. The effects of these inputs can be reduced by turn-
ing the gain of the servo amplifier from zero to the nominal value sloly
after the solenoid valve has been turned on. One method of acccmplishing
this involves a light sensitive silicon resistor and a light source. It
contains the resistor and the light source in a light tight housing. The
resistance of the resistor is very high (megohms) in the dark and is reduced
in proportion to the light flux falling on it.

By operating the lamp from an appropriate time varying voltage
sourcep the servo amp gain can be i-aried linearly. The ramp is adjusted to
vary the gain from 0 to 158 ma/volt in approximately 2 seconds. Two "Ray-
sistors" are connected in parallel on each servo amp to improve reliability.

5.2.7.2 Control and Monitor System

The control loop and monitor system located at the test engineer's
stntion, Figure T2, includes controls for ground checkout, infligbt check-
out, safety monitor, safety interlock, servo engagement, and inflight data
monitoring.

The safety moritor system, provides visual indication of unsafe
conditions before system engagement and/or control loop disengagement during
operation if preset tolerances &e exceeded. Items monitored include: power
supply voltages, servo amplifier outplts, control surface positions, vertical
acceleration and structural accelerations.

Power supply voltages are monitored for changes from their correct
values. Deviation of ± 2 volts will disengage the control system- =A
illuminate an indicator. Vertical and structurall accelerations are monitor-
ed for deviations from preset limits. txcessive acceleration sensor signals
cause disengagement -f t+e control system and illuixnate warntig lamps.
Acceleration sensor locations and acceleration limits nov being used are
listed in Table XL.

The pilot's aileron trim panel contains switching for selection of
the vertical acceleration limits. The incremental g levels available are
.5, .752, 1.0, and 1.25 for the pull up limits and .25, -5, and .75 for the
push over limits. The aileron trim panel is shown in Figure 73.

Servo amplifier output voltages are compare vitL preset values and
cause control system disengagenent and illumination of a warning light when
the output signals exceed the preset values.

The aileron and spoiler control surface positions are presented on
instruments in the test engineers station.
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rotary conduct'.ve plastic potentiometers attached to the control surface

hinge point near the actuator hinge point. The aileron position indicators
at the test engineer's station are a pair of vertical scale instruments cal-
ibrated ± 17 degrees. They receive their signal inputs from rotary poten-
ticme*ers at the aileron hing?. Conditioning is provided in the interface
electronics to allow adjustment of zero position, scale factor, and reduce
noise inputs to the indicators. Spoiler position indication is provided by
four vertical scale indicators. Calibration is 0 to 60 degrees. Signals
are provided from potentiometers at the spoiler hinge points and the signal
conditioning provided is identical to that for the aileron position indica-
tors. The indicator lamps are connected in a latching circuit and permit
manual testing and resetting of all indicator lamps by the test engineer.
The system warning lamp panel and control surface instruments are shown in
Figtue 72.

Inflight data monitoring is accomplished by use of the direct writ-
ing oscillograph, the IR-48 analog computer digital voltmeter, a two channel
oscilloscope, and indicators installed in the pilot's and test engineer's
stations.

The oscillograph is a modified version of the stanaard laboratory
instrument using paper that develops under ultraviolet light supplied by a
xenon lamp. Six channels of the oscillograph are used and paper speeds of
0.25, 1, L., 16, and 64 inches/second are available. The oscillograph is
located below the forward computer.

The oscillograph switching panel is used in conjunction with the
"quick look" oscillograph to provide the test engineer with the capability
to monitor any set of data points in the system. Additional switching
allows any of those data points to be connected to the forward computer
digital voltmeter for critical level monitoring. The oscillograph switching
panel is shown in Figure 72.

Items monitored include: power supplies, servo amplifier outputs,
rate and acceleration sensor outputs, control surface positions, and auxi-
liary actuator positions, and various int rmediate test points in the flight
control system signal paths.

The test engineer has the capability to disable any oscillograph
channel if recording of that channel is not desired or required.

Also included on the oscillograph switching panel are a master
power switch, an engage inhibit switch, and lamps to indicate system status,
i.e., ready, enga*ed, disengaged. The function of the master power switch
is self-explanatory. The engage inhibit switch inhibits the operation of
the pilot's enge switches at the discretion of the test engineer. it
cannot, however, .isengage the control system once it has been engaged.

The dual channel oscilloscope may be used for monitoring of any of
the da:.a puamts available on the oscillograph. In addition, it is used to
check proper operation of the rate sensors motor speed. Selection of these
signals is obtained from switches on the system warning lamp panel and the
rate gvro motor test panel.
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TAMLE XL

MONITOR SYSTEM ACCELEROMETERS

DESCRIPTION INCM•ENTALJ ACCELERATION LIMIT •

Left Wing Station 1359, Rear Spar, Vertical i3.0 g
Left Wing StatiLon 1359, Chordwise -+1.2 g

Body Station 1.72, Vertical _+1.O g

Body Statit;-, 1655, Vertical ±2.0 g

Body Station 1655, Lower Longeron, Lateral ±2-.5 g

Fin Station 354, Auxiliary Spar Lateral ±3.0 g

Left Hand Stabilizer Station 425 Vertical. +3.0 g
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Seven epecial indicators are installed on the pilot's Danel. These
are rudder pedal force, rudder position, sideslip indication, normal acceler-
ation, elevator position, column force, and aileron position. All indicators

except the aileron position indicator a'e meter movemente and are supplied
signals from electrical instrumentuti,= points. The aileron position indica-
tor is a dual synchro unit having two scales, one for each aileron. Synchro
transmitters at the aileron hin6Se points provide drive signals for the
indicator*

The test engineer is provided Instruments for monitoring aileron
position, spoiler position, and 49 section interface electronics rack
temperature.

In order to monitor environmental conditions surrounding the 49
section interface electronics rack, a thermistor and associated bridge cir-
cuitry has been installed in a 49 section modulc. A meter calibrated in
degrees Fahrenheit and connected to the thermistor circuitry is installed at
the test engineer's station to indicate the temperature at the thermistor
location. In addition, two thermal switches are installec; Im the 49 section
and when a preset temperature limit is exceeded indicators are illuminated
in the test engineer's station.

5.2.7.3 Engage Control

Engagement of the control loop modes to the actuator control valves
is controlled by a switch renel located between the evaluation pilot and the
monitor pilot on tke aisle stand as shown in Figure 73.

The control modes provided are pitch FNW, p!tch SAS, roll FlyN, roll
SAS, Yaw FBW, and Yaw SAS, may be selected independently of each other with
the exception that roll FBW cannot be selected unless pitch FBW has already
been selected. The engage switch is used to engage the contral system after
the appropriate modes have been selected.

In order to reduce the possibility of large engage transients, an
interlock system inhibits the engagement of a new mode after the control
system has bee-i engaged. A test switch, located on a separate panel, allows
the servo amplifiers to be turned on without turning on the actuator sole-
noids. This function can be used either for ground testing or for inflight
testing.

In order to provide the capability to preselect the modes which will
be allowed during a particular flight condition, the ground end of each mode
select switch is connected to the interpatch panel. A Jumper from the
appropriate point to ground must then be provided at the interpatch panel
before the mode can be engaged. These modes will be determined befcre flight
and Jumpers installed accordingly. In the case of the pitch FBI mode, the
solenoid is automatically connected to ground if the roll FBW -,olenoid has
been grounded.

There are elevan 28 volt D.C. output lI1es from the engage control
panel terminating on the int.rpatch panel. The 28 VDC level is present when
the given mode switch is on and either the engage switch or the test switch
is on. Thiis output is "xie, to enable the optical relays in the servo
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amplifiers. Four more outputs provide 28 VDC at the interpatch panel a mode
has been selected and when the engage switch is on. This voita ic unot
provided when the test switch is or.. The engage switch cannot be turned -n
when the test switch is on. Likewise, the test bvitch cannot be turned on
when the engage switch is on.

Bef.re the control system can be engaged, several peripheral condi-
wtlons must be met. The first of these is that 28 VDC and sysem ground must
exist. If the failure monitora , the vertical acceleration monitor or theS~structural mode monitor is tripped., a port- on of the 28 volt power is re-

moved and vae control system cannot be engaged or will be dissuo sted if the
condition occurs after engageme nt nerlocked such that it cannot
cause system disengageme tent. The autopilot release switches in the control
wheels and the force link switch on the monitor pilot's control column are
connected to cause disengagement when they are operated. In addition to this
so the solenoid valves and the servo amplifiers will be shut off if the inter-
opatch panel is remoTed.

In are located on the engage control panel to indicate that the
system is engaged or ready to be engaged. The ready tImp functions when apo
of the failure monitor conditions have been satisfied and the inhibito test,
and engage switches are in the off position. Disengage lamps are located on
the instrument panel in front of the evaluation pilot and the monitor pilot

::. •so that recognitiov +,!.t some failure has disengaged the control system will

occur immediately. The three status indicator lamps are duplicated at the
test engineer's station.

Fiue7In addition to the engage and test panels, the aileron trim panel
dis loated if the pilot's aisle stand. The aileron trim panel actually pro-

yvides two functions: Control of aileron trim and control of vertical accel-
eration disconnect levels. Aileron trim is implemented in steps of sI, 2,
and 3 degrees. A switch provides a 28 VDC signal to solenoid valves contain-
ed within the aileron actuators, which in turn provide the required trim.

A compact, transistorized function generator is installed in the
test engineer's station for groun and inflight testing and is shown in

rFigure 74. The function generator is camprle of providing sine, ramp, tri-
angulare, and square wave oute ts over a range of 0.005 cps to one megacycle
and is modified to allw selection of i/2e fo 2t 3a or c enionmexcita-
tion or free run operation. The test enbs neer selects the required number of
cycles of excitation to be applied t f the control surface. The function
Sgenerator ( fput signals are conditioned by pthe analog c foputers ac summed
with controlc sivalv in the valct drive amplifiers.

5.2.8 Analog Comuers

The anao comptes in the electrical/electronics system are two
model TR-W8 general purpose units modified for the airborn environment and
are presented in Figure 75. The computers are mounted in a space frame with
high frequency vibration isolator supports and are equipped to provide the

S~variable Linear., nonlinear and time based functions as required. The corn-
= puters condition the electrical signals from various feedback and car~trol
S~sensors and the fly-by-wire transducers to produce signals for actuation of

the electrbdaulie servo control valves in the control surface actuators
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and also provide safety functions through signal monitoring and furnish

The computer, as programmed, can be tested inflight prior to each
control system engagement and computer patch panels may be chan.ed to ful-
fill different flight control system requirements.

5.2.8.1. Computer Power Source

The analog computers, normally a laboratory instrument, operate on
60 cps AC power while the aircraft power is 400 cps. The cost and difficulty
made modification of the computer for 400 cps power impractical. Therefore,
a pair of frequency converters are installed to change the 115 volt, 400 cps
power to 115 volt, 60 cps. The frequency converters also svpply power to
the "quick look" oscillograph. The converters are connected suc!i that unit
2 operates the two comput.rs while the unit 1 operates the oscilJograph. In
the event of failure of the unit 2, thc computers are automatic:all.y switched
to the unit I and the oscillograph is disconnected.

5.2.9 Fly-By-Wire

In the normal configuration of a B-52 E, flight controls are cable
connected directly to tabs on the surfaces. With the instal ation of hydrau-
lic actuator packages for surface control., new methods of' providing the
connection from the pilot to the control surface are feasible. In order to
provide stability augmentation capability, provisions are. made in the actua-
tors for electrical control of surface position. As a bonus, these electri-
cal input capabilities allow, with appropriate connections, pilot control
of surface through electrical or "fly-by-wire" means.

For the WO B-52 E test vehicle, the pilot's column, wheel, and
rudder pedals are disconnected from the normal control cables and connected
to springs for centering and force gradient control as presented in Figures
76 through 78. Position potentiometer indicate electrically the position
of the controls. The pitch axis force feel system consists of a two-way
sIirng cartridge and an eddy current damper. The spring cartridge, via
spring selection, can provide three different force gradients. All gradients
radiate from a five pound column breakout force t.ý a full travel column
force of 120 pounds (high gradient), 80 pound (intermediate gradient) or
Ii5 pound (low gradient). The ddmper insures that the maximum column dis-
placement rate is never greater than the maximum elevator• servo rate

(80 degrees/see), reflected back to the column. The demper has an &djust-
sent feature ths.t insures its compatability witL whichever spring cartridge
configuration is selected.

The yaw axis force feel system incorporates a set of leaf springs
and multi-attach point actuation levers. This combination can produce six
different force gradients and has the capability cf providing a pedal Lreak-
out force anywhere between 5 to 25 pounds. Full travel pedal force can be
obtained between the range of 55 pounds (low -,'ent plus five pound break-
out) to 200 pounds (high gradient plus 25 pound breakout).
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PRELOAD ADJUSTABLE FROM
0 TO 20 POUNDS. GRADIENTS
ARE IDENPTCAIJ FOR ALL
PRELOAD ADJUSTMENTS

GRADIENT IN OFPOSITý
DIRECTION IS IDENTICAL
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010
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RUDDER PEDAL TRAVEL

(INCHES)
RUDDER PEDAL TRAVEL VS RUDDER PEDAL FORCE, EVALUATION PILOT~

F I GURE 76
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The roll axis force feel is provided by a torsion bar spring. Four
different force gradients can be derived from this spring by selection of
various anchor points. Wheel breakout forces anywhere between three and
fifteen pounds can be obtained by adjustments at these anchor points. Full
travel wheel forces can be adjusted b' 4ween 3 and 30 pounds by selection of
proper gradient and breakout force.

In its most simple form, fly-by-wire could be accomplished by direct
connection from the control positsJ. po.tentiometers to the surface actuator
electrical inputs. Through appropriate valve drive amplifiers. However, the
normal path is through the analog computer where frequency shaping and/or
gain scheduling can be applied to allow control design flexibility.

5.2.10 toad Instrumentation

The IAMB B-52 carried instrumentation to record structural respon-
ses and gust data continuously during flight through turbulence. Spectral
analysis of the data provided a basic for comparison of the aircraft with
So Ms, Baeline SAS, and LAMS Flight Control System. The signals from
strain gages, accelerometers, potentiometers, the gust probe instrumentation
and a clock were recordable by pilot cound; all data reduction was done by

-run eqisnt.
Recorded load instrumentation provided the following data and are

shown in Figure 79.

& Gust components--longitudinal, lateral, and vertical velocities at the

probe-

0 Accelerations--vertical and lateral at Body Stations 172, 860, and 1655.

* Control surface positions--left and right aileron, left and right
elevator, left and right outboard spoilers, rudder.

* Control surface actuator forces--left and right aileron, left and right
elevator, rudder.

* Wing bending moments--vertical and chordwise moments at Wing Stations 222,
820, and 974., both left and right.

* Fuselage bending morents--vertical and side moments at Body Stations 1222
and 14112.

0 fforiaotel tail bending moments--vertical moments at Buttock Line 56,
left and right.

* Vertical tail bending moment--si&e moment at Fin Station 135.
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AIRCRAFT LOAD INSTRUMENTATION LOCATIONS

FIGURE 79

5-3 • Honeywell Hardware Design

5.3.1 IAMB FCS Computer

The WANS FCS computer is composed of two devices, the LMS com-
puter and the Flight Condition Gain Switch.

The IANS computer as pictured in Figure 80, is housed in analuminum frame structure with six external connectors; one providing input-
output signal access, one for power input, one for iuterconnecting thecomputer and the Flight Condition Gain Switch, and three for supplying testpoints to be used in conjunction with the suitcase tester.

Input Power required for operation of the IA1 computer is a singlephase, 4W00 Hz, 115 VAC RNS signal capable of supplying 30 watts maxirum. TheLAMB computer can operate within specifications over a temperature range
from 0 degrees F to 120 degrees F and can survive in a Don-operating tem-perature range from -30 degrees F to 150 degrees F.

Within the LMG computer are fourteen control signal gain adjust
potentiometers and analog electronics mounted on ten plug-in printed cir-cuit boards. The analog electronics are composed of solid state, integrated
circuit operational amplifiers and associated circuitry which is used to
provide analog blending (summation of signals in specific ratios), gainscheduling, and signal conditioning necessary for Proper operation of the
IAMB system.
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i.UYL a Si pi tn the TAMS -nn•utPr are from two sources; the ten

rate sensors and the FBW columnn, wheel and rudder pedal transducers. These
signals are scaled in the interface electronics before being provided as
input signals to the LAMS computer. Once the IAM computer has completed
blending, slAping and gain scheduling these input signals, the resulting
output analog signals are used as command signals to the servo woplifiers
which can d&ive rudder, elevator, symnetric spoiler and combinations of
symetric or antisymmetric aileron actuattws.

The gain and phase from signal input to signal output are nominal
t5.0 percent for D.C. gain, nominal ±10 percent for A.C. eAin, and nominal
±7 degrees per phase.

The Flight Condition Gain Switch Js a three-position, single-pole
rotarv switch which a-lowj selection of three discrete sets of IAMB control
system gains in the IAMS computer that correspond to three specific flight
conditions.

Nondestructive functional and environmental tests were performed
on the LAMS computer space parts, and gain switch to assure flight worthi-
ness of the equipment.

5.3.2 IANS lS' Suitcase Tester

The IAMS suitcase testcr presented in Figure 81, is a portable unit
used to test the IAMB system in the £aboratory or while installed in the
aircraft. TJhe tester is used to functional test the complete LAM system
or the individual printed circuit boards contained in the IAMB computer.

There are eight connectors on the front pEwiel of the tester; six
for interconnection with the IAMS computer, one for the. printed circuit
board module check..ut, and one for providing 115 VAC 100 Hz single-phase
power and chassis ground to the tester. Cable assemblies, associated with
these connectors are provided with the tester.

A built in DC power supply and potentiometer allcw test signals of
0 to ±lOV DC to be applied to the IAM computer or one of the printed cir-
cuit modulas. The resulting output signals and intermediate points are
made available at test %cks on the front panel of the tes'.er and can beread out an a DC, vacuu tube volt mcter which is also mountcl on the front

S~panel. Shorting switches are used to bypass the hi-pass filters and wasn-
outs during D.C. S•n checks.
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S 6.o 'ONCLUSIONS

The conclusions are rresented in two parts. The first referring to the

total LAMS program effort as documented in four volumes. The second part
is concluding the study and design presented in the foregoing material.

6.1 Conclusions, LANS Program

Contemporary analysis and synthesis techniques were successfully applied

in the Loads Alleviation and Mode Stabilization (LAMS) program to a B-52
test vehicle. Using these techniques, an operable flight control system
(FCS) was defined and produced in hardware. The LAMB FICS successfully

controlled selected structural modes and alleviated gust loads due to
turbulence in flight demonstration.

Similar techniques were applied to a low altitude and high speed flight
condition for the C-5A airplane. Significant reductions in fatigue damage
rates and fuselage accelerations were predicted by the analysis.

6.2 Conclusions, LAMB B-52 System Analysis, Synthesis, and Design

6.2.1 Criteria

The criteria established for flight controller definition provided adequate
design and performance assessment and included elements comnon to analysis
and flight demonstration.

6.2.2 Math Models

The math models used for structural loaL desigiL proved adequate for design
and synthesis of the gust alleviation and structural mode control system
developed for the LAMS B-52, subject to the following conditions:

To assess the system stability a number of modes higher in frequency
-than those controlled were included in the model.

The mo•t complete niodel available was required to determine stability
and system n-rformance. How.ver, smaller models (using selected
structural modes) for design investigation and system synthesis
proved useful.

Separation of the models of the longitudinal axis from the lateral-
directional axes provided adequate design data for the LAMS ICS.

6.2.3 Techniques

Adequate techniques including simulation, math modeling, synthesis methodb,
etc. were available to design the LAMB FCS.

Initial LAMS B-52 studies indicated that airframe responses re.itting
from gust alleviation control precluded design of a control system
with load alleviation as its unique function.
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I •A close working relationship and good commitnication between four

major technologies; Aerodynamics, Structures, Controls, and
Mechanisms, was essential to accomplish design of the LAMS system.

Several powerful analysis programs were helpful in LAMS; however,
the experience and insight of the designers was the predominant

factor in form and adequacy of the system synthesized.

6.2.4 Hardware

A B-52 test vehicle modification was designed and implemented on NB-52E;
AF56-632. Subsequent control analysis indicated that the test vehicle
would be an adequate test bed for demonstration of the LAMS FCS.

Present, state-of-the-art in electronic hardware is adequate for

implementation of L•.S type systems.

Adequate hydraulic actuation hardware was obtained for the LAMS
test vehicle. Design difficulty was incurred in achieving the
required dynamic response and as a result of high mechanical gain
requirements.

6.2.5 Performance

The LAMS CS, one of a family of controllers which could be defined, does
meet the design and performance criteria established.
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APPM7DI A - OPJDVL COM~OL TRIQIRY

The optimal control lai derivation and structural Performnance sea-
sure derivation are presented in this appendix.

Quadratic theories., as applied in IAMB, so:,ed the folloving
problem: Let r(t) be a vector of responses whose magnitudes are to be can-
strained; let Q be a symetrics, positive Indefinite matrix; and let J* be
the scalar performance inde

=* - fr(t)' Qr(t)] Qij z1r1L(t) rj(t)]

where E is the exetation operator (over the sample space of disturbing
Inputs)., the prIme (') superscript indicates a, vector transpose, and the I
and Is J a wrsripts indicat vector and matrix components. The quadratic
control proble is to find the linear feedback controller vhIch minimizes J*.

The goal of the IAM B-52 study is to reduce fatigue damage rate and
pilot acbelo-stion throuai autowtice contrbl.

1. h.Rlytical Ihasure at Ride Qualities and Structural Integrity

Two accepted analytical seasures of the struztural Integrity of an
airframe amber-an estimate or the like~lhood of exceeding Its static
ultiate strength and an estimate ot its fatigue lifetime. Both assue that
the Inputs disturbing the vehicle are Gaussian and that the stress responses

*P- produce we linear f uncti onalsa of toeInputs.

?be esimat isbased on the Mlxnar linear-cainulative-.dinge
b7P~be" (efeeam3)-Theexpected lifetime,) B [Tri or the ameber can

he written aaialvIn the formu

uhee Crap O are standard deviations cr stresa and stress rate produced by
gusts at one foot per uecond standard deviation (Reference 3). The term, fs
is monotone Increasing In O's, (7 for reasonable standard deviations, but is a

suh stranger function of 0' th-w 17;; iee.,If > >K

Use orfh fatiguu estimate, Z JTf I , requires an assumption that no stresses
"larger than the static ultimate u'trength occur. To account for this possi-
bility, it is assumed that disturbances of hI&a Intensity occur :!a randocm
"*biuststm so that tetime before too large a stress occurs can be considered
to be Ibauion distributed; I.e.,
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Prob (si+.ress always pr lz+h -0id-__ s__1+ 47 "- A1M

of T seconds)
= e-JkT

where A is the expected number of occasions of exceeding the ultimate
strength in a one-second interval. The "burst" assumption is intuitively
reasonable as the gust field consists of occasional turbulent patcLes in
long stretches of non-turbulent air.

Using the Rice level-crossing formula (Reference i ), the expected
number of seconds, EfTel, before too large a stress occurs is

where X. is a function of the RMS stress and stress rates, and

X = X(G ,c-)6 s

As with the fatigue formula f, ), is monotone in Cs, ag for reasonable
stresses, and is dominated by as (Reference 3); i.e.,

_u->>,. ..a
bor ba;

A structural member can then fail either from fatigue or by experiencing too
large a stress before its fatigue lifetime has run out. Assuming the event
with the shorter expected time is the more likely, the obvious performance
measure for a single structural member is the minirma of the pair

iM [ E Tfl , EfTPP ?

ow, what is the same, the maximum of the pair

MAX [f (as, or;), (o3s, ai)]

This applies only to a single airframe member. Since the shortest expected
lifetime over all members defines the vehicle lifetime, the structural inte-
grity measure for the entire vehicle is
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(all airframe MAX f(a., a;) , X(s, a; )
members)

The goal of control then is to reduce this measure. This produces
the formulation:

MINI MAX i
controller memers MAX [f a') r 5,aS~members)

Mean-square linear accelerations were used in the study as ride
quality measures because, while they are not quite as meaningful as criteria
'whicb take human response to motion spectra into account, they are by far
the most convenient criteria analytically. In the pitch and lateral axes

L. this produced the ride quality measures

Pitch E{ Mean-square vertical acceleration
experienced by pilot

lateral EM p2 = Mean-square lateral acceleration
experienced by pilot

Handling quality criteria are usually expressed in terms of ideal
stick responses, or equivalently, as ideal pole locations. A mathematical
properl of optimal controllers permitted ignoring handling qualities early
in the design. The property is that the juadratic-optiimum controller and a
linear feedforvard controller (from the disturbance input), and the feedback
controller is independent of the statistics of the disturbing input. Mis
independence, proved below, implied that one could first design a feedback
controller for structural integrity and ride qualities in gusts, and later
design an input filter (from stick commands) for good handling qualities.
Handling qualities therefore were not considered in the optimization form-
ulation.

The above mathematical property conforms both with control design
practice and with textbook control theories. One normally designs the feed-
back loop first for bandwidth, smoothness of frequency response, pole loca-
tions, etc.,, and then adds input rates, lagged inputs, etc.., to produce
desired coand-responses.

It remained to combine ride qualities and structural integrity
measures in a single, overall performance measure. Again, there was no
theory for doing this as the measures, one employing expected lifetimes and
the other mean-square responses, are very different. Only one property of
the combined measure could definitely be specified. Since

f~us a V yu (ors, a&, F. Vand Ou are almonotone inraiginth

t response covariances, decreasing any response co-xriance while holding the
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others constant will always improve performance. Mhat is, let r(t) be the
vector of stresses, stress rates, and accelerations to oe controlled, ri(t)
to be one of the components of r(t), and

J(E~i~t)1, fr2()
2j ... Zfrn(t)2?)

be the combined index. Then J must bav- th,1 property-

aqfrj(t)2 > >0 for all ~

2. Derivation of Performance Measure

Since the relationship between the fatigue estimate and the 1S•
stress and stress rates is complex, it is not desirable to use fatigue
damage as a performance measure. Consequently an equivalent performance
measure is needed.

Let ri be the ith controlled response of a finite-order linear system; let JT

(Eri j, ... E 2) be any function of mean-square responses satisfying

2- > 0 for i = 1, ... n.

aXtri I

Then, if there exists a linear controller minimizing J., that controller
minimizes as well the quadratic J* defined by

n

3* = i Eir 121

where Q are the partial derivatives

2

evaluated with the Efri 2 produced by the controller minimizing J (Ret.-
erence 4 ).

This states that if a perfcrwance index is monotone increasing in
the response variances in. the neighborhood of the optimium, then the control-
ler minimizing the index minimizes the quadratic J* as well. The combined
structural integrity-ride qualities critericm possesses this property.
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S.. .~ 4... he only res-o,1-ps which should be included in J* are those

appearing in J, namely stresses, str-nss rates fp,, and ) Flexure mode
amplitudes, mode rates, etc., should not be included. &Uoosing the quadra-
tic weights would be answered by the last equation above if the combined
performance measure J were specified. Since no basis for constructing a
meaningful combined measure J %las available, it was neceszer-j to attack the
choice of weights iteratively. The following procedure was ured:

a. Estimate quadratic weights. Then compute the quadratic
optimumn controller, the response variances produced by
the controller, WA the functions f(O sC), Y(Is, a
Er 21,, and Ef'y* lproaduced by those variances.

b. If either of the mean-square accelerations is too large
(to satisfy intuitive notions of what they should be), in-
crease the weight, Qi, on that acceleration and repeat
step 1.

c. Calculate the partial derivatives • , • - and

S. Increase the weightz., 0i, an those stress and

stress rate responses with the largest partial derivatives,
and repeat step 1.

d. Terminate this process when a controller is produced
that acceptably improves structural integrity and ride
qualities.

The quadratic weights chosen to start the iteration were the reciprocals of
the mean-square responses of the uncontrolled airplane:

Q, fri(t)2 1

This proved to be an excellent choice.

3- Derivation of Optimal Control Law

The controller minimizing the quadratic cost function J* can beI: found by a conventional Iagrange multiplier manipulation, as follows.

a. Formulation - Let x 1 (t) be the state vector of the vehicle,
u(t) be tbe vector of inputs to the elevator, rudder, and
other actuators, v(t) be the vector of gust inputs, and
r(t) be the vector of responses whose magnitudes are to be
constrained. The vehicle perturbation equations can then
be written in the vector differential equation form

1
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I *~t)
P11lt v(t) +G~ u~t)

r(t) =H x1(t) + 2 v(t) + D u(t) 4

Let gust vector, v(t), be generated by a finite-order linear
filter driven by white noise, 1(t). Let x2 (t) be the state vec-
tor for this filter, so that

'2 (t) = 2 x,(t) 12G 11(t)

v(t) =H x2(t)

where

Efli~t) TI(¶)1 N 6(t-'r)

where 6(t) is the Diiac delta function and the prime (') super-
script indicates a vector or matrix transponse.

Define the cambined state vector

x(t) = X1 (t.)

X2 (t)j

satisfying

1(t) = Fx(t) + Gju(t) + G 21(t)

z(t) = TH(t) + Du(t)

where

F9
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[°12G2 = G2]

The simplest (and best performing) controller for a linear
system is a linear combination of states"

u(t) = K x(t)

Assuming this form, the control problem is to find the gains,
K, which minimize

,T* = Ejr(t)' Q(t) r(t)}

where Q is the diagonal matrix

0

b. Covariance Equations - It is convenient to recast the above
problem in terms of covariance equations. Defining these,
let X and R denote the state and response covariance matrices

x~t) = E(X(t) xlt)']

R(t) = Ejr(t) r(t)'j

The term, Efrl(t) 2 J, then the diagonal term in R(t).

With the above controller,

i(t) = (F + G3K) x(t) + G2 q(t)

r(t) = 'H + D]i) x(t)

!16

- *--



so that r t) r t 1

=(H + DK) E fX4t) X(t.) I (H + U)

(H + nic) X(t) (H + K

Solving for XWt), ti2*. solution for x(t) is

*x(t) =e (F + G1K)t x(o) + eh (~F + G K)(t-r) G2 TJ('r) d¶r
0

Then,

(F40 K)t (FaG K)' t
X(t) x(t)' =e' 1 x(o) x(o)' e

tI
(P40t K~t14 e 1' 1~o 4' e(Fa*GK) (t--r)G J,(T) dT

0 2'

00

+ t eF4GLiý)(t-'r)~~.~T~ P4 t

+ 1 1 e(?~K( G2*01r)I(y)' G2 '

e dT dy
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avd

Efx(t) X(t)' I X(t)

e X(o) e

t
+ etJKI f Efx(o)1(,r)l IG e (F4Y1 )(t¶-)' -

0

+ r r e(F4GiK)(t-T) G2Bjj(T)1Q(y)l3 G2  (F4%.K)(t-y)'dr dy

1it 71 white noises

Et[x~o)q(-r),JI' o far Tr 2 0

and

Ej~l(Nr1l!Gqý) i.oK)t X~o (F4G1K)tf

t *(F4.G9C)(t-) (F' 5(-)
+ G2N6(T-Y)G2 l dT dy

0 0It
-e i X0 +?e-(F4GiKhG 2 lG2t(ý.K e(F1?K)"'dT] e(F4GI.)t

Differenitiatinig with respect to t, X(t) satisfies the covariance differentuial
equatim~Ji(t)- =1-~KXt+Xt(4j)
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In the stationary case, X(t) and R(t) are constants, so 
i

x(t) = x
0 ; =o (F 4GK) X + X (F 4G 1K)' + G 2 NG2'

IR(H+tK) X (H+nic)'

The trace, TR, of a square matrix Is defined as the siu of its

diagonal components:

TR[w] -z!i

The trace operator has the permutation property

W- [ABCi=TcAO-BI = TR[I- CA

The J* term can be wrltteD

._ Q. E trl(t)12

= E tr(t)' Q(t) r(t)3

- Q E Jr (t) ri(t)]

=- T•[(H I ) 44) )

=-T 4(H4 C) I Q(H4+DK)XI

The control problem, then, is to find the gains, K, which

i ni Q(i X(H4e'J

subject to the constraint equation
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0 , k1 L.IfU4Y tc& husrA-! V-1- 0... --

X constraint equation is theough the use of L•range multi-
pliers. Let S be a matrix of such multipliers, one for each

term in X. With

one can then regard K, X, S as independent variables and mini-
Smize the sum

J*=TR [(HiD11) ((H+lc)X] + TR~ (F4G;1 K)X+X (F4G1K)4GM12'

The J* term is then minimized at the valuer of K, X, S where

0J =O=(FIG K) X4X(FIG K)1G

= o
a = 0= at Q(F4G K)XSW:(4CG,'SXH.K)QH4

BK

Solving the last equation for K produces

K . -(D•'QD)'(D'OQ.4G'S)

These three algebraic equations must then be solved for K, X, S.

d. Properties of the Optimal Solution - It is noted that the gains,
K, and lagrange multi S, S, are the solutions of

K = -(DQD)- (D'tQ11'S)

0 =FylSh(4-K+HD)QHM

so that the gains and Igrange multipliers are independent of
the state covariance, X, of the noise input, N, and of the
noise input matrix, G2. Substituting the last equation into
J* produces

- 4 25G2 'N

j so that the terms of G2SG2' are the partial derivatives of the
lerformanMe index, J*, viih respect to the noise covariance, N.
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Further, breaking K and S into components of dimension x1 and
'£ (the dimensions of the vehicle state and wind-filter state
respectively),

S22
21 1222There results

K =_- (I'qD)-l(DI G._,4(;'Sll)

K *2 = - (DIQ'°)-l(ID'QF'2-W.'s32)

and

0 (F,14GnK),snl+sn.(F,14GnK)+(+DK,),IQ(H,+DK)

So =0 (F3,ýGnKl), sj+sl (F••)sF

+(H,+nDc) 'Q(H2 D 2 )

'where the F, G, H definitions originally specified for vehicle
and wind filter have been used. Examination of these equations
reveals that feedback gains (K1, from the vehicle states) are
independent of F , R F , so that they are completely indepen-
dent of the windiltrs.22.ýxat is, they are completely indepen-
dent of all characteristics of the disturbance inputs. and will
be the same no matter what the inputs are. The feedforward
gains (K2 , from the wind-filter states) are, however, dependent
both on the form of wind filter and the vehicle dynamics (they
are still independent of the amplitude of the winds, determined
by N).

This result will hold if pilot inputs are added to the aboveproblem. Therefore. one can, in general, ignore the disturbance
inputs in constructing feedback controller, K1 , and afterwards
account for these inputs by properly choosing feedforward gains,
XK2. This Justified not including handli qualities in the
optimization, as stick commands are mathematically equivalent
to disturbing inputs.
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Digit~al Solution um o~~e ~e'

K . -(D'QDr1'(DIQH.G IS)

for K, and to find X and R, given K, from

0 = (F4Gff)X-OX(F4Gff)'4G 2 XG2

Three differen. cmuPuter programs were written to solve these
equations. The first two solved the differential equation
S(t) - F4G1 K(t)'S(t)+S(t)(F?4GK(t) + [&X(t)]'Q H+UK(t)

K(t) = (D'QDY'l[D'qE.G1'S(t)]

until they conmerged, and then solved

1t(t) = (F'.GjLK)X(t)4i(t)(F'4Gff)4G 2UAG

until it converged, using the converged gains, K. Te firsT
program solved a discrete time (Sampled data) version of the
above equations obtined by reformulating the above problem in
terms of difference equations. It was a relatively slow pro-
g m, but it was exact (within roundaff errors) and well suited
for debugging errors in modeling (in F, G1 , H, D). 'he solu-
tico time is appmimately PrWortional to the cube of the
dlime•sion of x.

Me second proga directly solved the above differential equa-
tious with a Rune-Kutta extrapolatioM routine (Reference 5).
It is almost exactly three times faster than the first program,
but the extrapolations are inexact and diverge if too large a
extrapolation Interval is chosen.

ethird P--Zrm solved the algebraic equations by successive
Sr-bstitution. The procedure is:

2
I

-.
* 0



Choom a value for

K4

0 = (F4GIK)'S46(F=GIK)++DIQJ(H+IK)

elgebraically for S.

Solve

I = -(D'GD)'l(D'QH4IK'S).(

After convergence, slve

O = (i-io +XKe(F. 'G A12 1

algebraically for X.

If a gDod firs;. selection of K is male, this routine converges
very rapidly. It is memory-limited, however., and a 32.,000-bit
machine cannot handl much above a tenth-order system. The
convergence time is aplitimtastely proportional to the sixth
power of the system order, so this progrm Is useful only for
l; r-order systems. Also, this routine requires determinant
evaluations, and it is thus quite sensitive to romndoff errors.

Almost all I4 calculations vere done with the first pogram
above. It was an expansion of a program written for an earlier
Stny; it var the first progra written of the three; and its
authors were sue it was completely debugged.

S- optima cotoli

Table XL esents the flight condition l optimal control law de-

fined from optimal control theory,. The RNS stresses, stress rates, and
pilot station accelerations for the defined optima controller are given in
Table XLV.

Numerous simpifications of the initial optimal control laws resulted
In the WE IonAitndin-l FM descrfbed in Section 3.6.1. As the control laws
were modified, the predicted strueltral performance was also altered, see
sectio 14.4.
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TA=I XLI

OPJTIMAL COMTROL IAW FOR FLIGHT CONDITION 1 LONGITUDINAL AXIS

Control Gains

State Variables u
e Us

p, -71.89 181o.o -101.0

P2  225.5 1257.0 -126.o

P3  8.386 55.57 -2.098

ag -87-75 );%4.O 6.652

6e 74.65 123.6 -3.931

a -0.3976 3.117 -0.2881

6sp 5.663 -14.74 -4-557

""e -171.3 -27.06 1.530

u6a 7.514 -83.50 4.316

S27.76 1230.0 -63.58

xa -41.o9 1720.0 -g163

ya -&.97 1508.0 -91.88

-18.54 56.63 -o.4ooB

i X. -25.77 29.70 -0.3526

; -4.122 35.02 -1,549

141 -6.496 31.62 -4.043

q, -2.481 5.420 -0.8133

X. -1.172 -13.01 -0.6726

}- -0.6505 3.652 -0.2619

q2  -16.57 598.1 -37.90

42 4.277 13.84 -2.552
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TABLE XLI
(Continued)

OPTIMAL CONTROL LAW FOR FLIGH CONDITION 1 LOfEITTJDINAL AXIS

Control Gains

State Variables ue u8  u

'q2 5.448 -164.2 7.516

q2  1.4o5 -1U.62 0.8063

q6  -1&'.7 1603.0 -88.02

'6  114.40 2.3 -3.477

x1 66.72 23.69 -2.056

Y. -0.3529 5.323 -0.3626
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TABIE XLII

OPTIML CONTROLLER PEOrCPMANE LOWITUDINAL AXIS

Flight Condition I
Aircraft Free Controlled
Station Aircraft Aircraft

R)E stress

wS 516 -29.4 65.91

WS 899 137.T 53.11

Bs 805 121. 9.8

BS 1028 105.1 66.56

SBL 32 150.2 322.2

FS 135 - -

RMB stress rate

WS 516 1110.0 516.o

VS 899 706.0 1o6.o

lB805 521.0 56D.0

EB 1028 176.0 1085.0

SBL 32 1029.0 1930.0

FS 135

Pilot',s
Acceleration 0.0129 g 0.0053 g

20
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APPP'nTYTkr emnAUTT-TIT?? lIIA

Ihe predicted stability data for WC flight conditions 2 and 3 are
presented in this appendic. Bode plots show gain and phase for the entire
system frequency spectrum and tables indicate minimum gain or phase margins
at discrete frequencies,
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TABLE XLIII

LCOGITuDINAL AXIS - ELEVATOR LOOP MARGINS

FLIGHT CONDITION 2

CRITICAL GAIN MAEGIN PHASE MARGIN ATE WORST
FRQUENCY AT NNINAL AT NCPINAL
(RAD/SEC) PHASE (DB) (DEG) PHASE (DB)

2.3 90

6.6 6.9

11.5 15.5

;.4.7 17.3

19.1. 18.7

19.3 19.0

19.9 23.6

21.2 17.4

21.4 
17.2

37.8 
28.3

43.3 
27.6

"6o.8 
22.3

* 84.8 21 7

112.2 
28.2

113.8 29.0
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TABLE XLIV

LONGI':iJDINAL AXIS - AILERON LOOP M.ARGINS

4 •FLIGHT CONDITION 2

CRITICAL GAIN MARGIN PHASE MARGI11* GAIN MARGIN
FREQUENCY AT NQMINAL AT NOMINAL AT WORST

(RAD/SEC) PHASE (DB) GAIN (DEG) PHASE (DB)

u .6 17.0

14.5 7.3
18.5 1.0.0

21.1 10.9

21.8 1'.8

1 32.0 38.1

36.2 28.6

40.3 21.3

59.8 6.7

63.6 12.8

86.8 17.7

122.3 52.5

* System is Gain Stabilized i

I 2
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LONGITUDINAL AXIS - SPOILER LOOP MARGINS

FLIGHT CONDITION 2

CRITICAL GAIN MARGIN PHASE MARGIN GAIN MARGIN

FREQUENCY AT NOMINAL AT NCMINAL AT WORST
(RAD/SEC) PHASE (DB) GAIN (DEG) PHASE (DB)

4.7 168

6.0 Unstable 4.1

6ý8 123

u-.4 13.0

13.8 7.1

17.1 7.4

21.4 99

28.5 18.5

35.6 26.1

37.8 28.0

48.8 42.2

6o.6 23.9

60.7 23.9

82.1 36.5

92.3 38.9

108.6 4o.o

123.0 42.4

.2 1
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TABLE XLVI

LONGITUDINAL AXIS - ELEVATOR LOOP MARGINS

FLIGHT CONDITION 3

CRITICAL GAIN MARGIN PHASE MARGIN GAIN MARGIN
FREQUENCY AT NOMINAL I AT NOMINAL AT WORST
(RAD/SEC) PHASE (DB) GAIN (DEG) PHASE (DB)

2.5 92

7.4 6.2

11.9 14.6

14.7 15.7

16.0 19.5

19.3 20.3

20.5 33.2

23.4 20.3

24.1 19.0

35.2 24.7

47.4 33.7

65.1 27.9

92.0 29.4

S107.9 36.6

125.0 45.0

I 21* $

I
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F • TAuI" AJkVlli

F- LONGITUDINAL AXIS - AILERON LOOP MARGINS

FLIGHT CONDITION 3

CRITICAL GAIN MARGIN PHASE MARGIN* GAIN MARGIN
FREQUENCY AT NCMINAL AT NOMINAL AT WORST
(RADWSEC) PHASE (DB) GAIN (EEG) PHASE (DB)

11.8 17.7

14.8 7.2

19.0 18.1

23.9 11.7

24.6 14.1

29.4 39.6

34.5 39.6

34.7 39.6

142.7 24.9

665.3 9.1

67.1 10.3

89.6 23.6

105.8 27.1

* System is Gain Stabilized
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TABLE XLVIII

LATERAL-DIRECTI'•IAL AXIS - RUDDER LOOP MARGINS

FLIGHT CONDITION 2

CRITICAL GAIN MARGIN PHASE MARGIN GAIN MARGIN
FREQUUBCY AT NOMINAL AT NCMINAL AT WORST
(RAD/SEC) PHASE (DB) GAIN (DEG) PHASE (DB)

1.5 86

11.9 19.9

14.7 18

16.8 16.2
26.3 32.1

27.3 32.5

30. 4 31.8

35.6 30.7

39.7 32.4

41.6 30.2

58.4 24.o

81.7 17.6

2

I
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L TABLE XLIX

fATEPAL-DIR107CTIONAL AXIS - AILERON LOOP MARGINS

FLIGHT COI!DITION 2

CRITICAL GAIN MARGINT PRASE MARGIN* GUIN MitRGIN
FREVQENCY AT NOMINAL AT NOMINAL, AT WORST
(RAD/SEC) PHASE (DB) GAIN (DEG) PHASE (DB)

8.0 26.5

12.3 20.3

13.1 21.7

16.5 24.5

20.5 17.3

25.6 14.5

39,o 25.6

4&2.8 23.8

45.8 29.1

4 8 .4 23.0

56.7 18.9

72.8 20.8

* System is Gain Stabilized
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STABLE L

lk LATERAL-DTPECTIONAI, AXIS - RUDDER LOOP MARGINS

FLIGHT CONDITION 3

CRITICAL GAIN MARGIN PHASSE MARGIN GAIN MARGIN
FREQMCY AT NOMINAL AT NOKIDNAL AT WORST
(P.An/SEC) PyAE (DB) GAIN (DEG) j PHASE (DB)

1.6 86

8.8 21.7

12.8 18.7

15-6 20.8

16.0 20.5

5-7.7 19.9

22.4 26.8
27.9 25.0

28.8 26.1

35.1 32.0

•0a.1 51.0(l;

S41.1 38.0

42.o 34.7

* 53.5 31.0

66.5 24.4

81.3 21.6

107.6 46.6
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II . TABIZ LI

* ' LATERAL-DIRECTIONAL AXIS - AILERON LOOP MARGINS

FLIGHT CONDITIOW 3

CRITICAL GAIN MARGIN PHASE MARGIN* GAIN MARGIN 1
FREQUENCY AT NOMINAL AT NOMINAL AT WORST
(RA•/s•Ec) PHASE (DB) GAIN (DrEG) PHASE (DB)

8.3 2h.o0

12.1 13.0

13.4 20.1

15.5 23.9

16.9 30.7

17.5 25.0

19.6 21.0

27.2 7.5

33.1 19.2

4co.o 24i.2

413.3 24.0

4s5.6 2C. .9

51.8 20.9

53.4 22.0

72.0 20.1

SSystem is Gain Stabuilized
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!ciioi; ratings obtained from simulator studies for IAMB flight condi-
tions 2 and 3 are presented -In this apperdix.
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Ithe 14a flJeviation aa3d Mode tblzto (LAm) program vas conducted to demon-
strate the capabilities of an aanedfight control system to alleviate gust loads
and control srctura~l azides on a larg Vjezible aircrat using existing aerodynamic
control surfaces as force producers.

The analysisj, design, and nlight deummstration of the flight control system vas
directed toward three discrete fli~tt condlitions contained in a hypothetical mission
profile of a B-529 aircraft. TEO YCS was designed to allevieue structural loads

The B-52 IA14S-FCS vas prodnced as badware and installed on B-52E,9 AF56-632. Th

A flight de-mmntration of +.he B-52 IA~-FCS vas conducted to provide a comparison
of ezperizental to analytical data. The results obtained during the IMI program
showed that the WAM-FCS provided sigificant reaw'tion in fatiguie dsasm 'rates
siurtil To tha predicted.
In addition to the above, a IANS C-5A study vwas incl:-ded in tlhe P-Orrzz. This
portionm o? t=- proggam vass to anglyricai2.y dezmnstrz;.-e that the tac-:-aogy developed
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